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ABSTRACT 

 
 

A typical aircraft can experience over 2,000 fatigue cycles (cabin pressurizations) and even 

greater flight hours in a single year.  An unavoidable by-product of aircraft use is that crack, 

impact, and corrosion flaws develop throughout the aircraft's skin and substructure elements.  

Economic barriers to the purchase of new aircraft have placed even greater demands on efficient 

and safe repair methods.  The use of bonded composite doublers offers the airframe 

manufacturers and aircraft maintenance facilities a cost effective method to safely extend the 

lives of their aircraft.  Instead of riveting multiple steel or aluminum plates to facilitate an aircraft 

repair, it is now possible to bond a single Boron-Epoxy composite doubler to the damaged 

structure.  The FAA's Airworthiness Assurance Center at Sandia National Labs (AANC), Boeing, 

and Federal Express completed a pilot program to validate and introduce composite doubler 

repair technology to the U.S. commercial aircraft industry.  This project focused on repair of DC-

10 fuselage structure and its primary goal was to demonstrate routine use of this repair 

technology using niche applications that streamline the design-to-installation process.  As 

composite doubler repairs gradually appear in the commercial aircraft arena, successful flight 

operation data is being accumulated.  These commercial aircraft repairs are not only 

demonstrating the engineering and economic advantages of composite doubler technology but 

they are also establishing the ability of commercial maintenance depots to safely adopt this repair 

technique.   

 

This report presents the array of engineering activities that were completed in order to make this 

technology available for widespread commercial aircraft use.  Focused laboratory testing was 

conducted to compliment the field data and to address specific issues regarding damage tolerance 

and flaw growth in composite doubler repairs.  Fatigue and strength tests were performed on a 



 

simulated wing repair using a substandard design and a flawed installation.  In addition, the new 

Sol-Gel surface preparation technique was evaluated.  Fatigue coupon tests produced Sol-Gel 

results that could be compared with a large performance database from conventional, riveted 

repairs.  It was demonstrated that not only can composite doublers perform well in severe off-

design conditions (low doubler stiffness and presence of defects in doubler installation) but that 

the Sol-Gel surface preparation technique is easier and quicker to carry out while still producing 

optimum bonding properties.  Nondestructive inspection (NDI) methods were developed so that 

the potential for disbond and delamination growth could be monitored and crack growth 

mitigation could be quantified.  The NDI methods were validated using full-scale test articles and 

the FedEx aircraft installations.  It was demonstrated that specialized NDI techniques can detect 

flaws in composite doubler installations before they reach critical size.  Probability of Detection 

studies were integrated into the FedEx training in order to quantify the ability of aircraft 

maintenance depots to properly monitor these repairs.  In addition, Boeing Structural Repair and 

Nondestructive Testing Manuals were modified to include composite doubler repair and 

inspection procedures.  This report presents the results from the FedEx Pilot Program that 

involved installation and surveillance of numerous repairs on operating aircraft.  Results from 

critical NDI evaluations are reported in light of damage tolerance assessments for bonded 

composite doublers.  This work has produced significant interest from airlines and aircraft 

manufacturers.  The successful Pilot Program produced flight performance history to establish 

the durability of bonded composite patches as a permanent repair on commercial aircraft 

structures.  This report discusses both the laboratory data and Pilot Program results from repair 

installations on operating aircraft to introduce composite doubler repairs into mainstream 

commercial aircraft use. 
 

_______________ 
This work was performed for the Federal Aviation Administration under Work-for-Others agreement 027941007.  Sandia 

National Laboratories is a multiprogram laboratory operated by Sandia Corporation, a Lockheed Martin Company, for the United 

States Department of Energy’s National Nuclear Security Administration under contract DE-AC04-94AL85000.  This document 

is currently under review by the FAA for parallel publication by the Department of Transportation. 
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Development and Validation of Bonded 

Composite Doubler Repairs for Commercial Aircraft 
 

 

1.0  INTRODUCTION 
 

The number of commercial airframes exceeding twenty years of service continues to grow.  In 

addition, Service Life Extension Programs are becoming more prevalent and test and evaluation 

programs are presently being conducted to extend the “economic” service life of commercial 

airframes to thirty years.  A typical aircraft can experience over 2,000 fatigue cycles (cabin 

pressurizations) and even greater flight hours in a single year.  An unavoidable by-product of 

aircraft use is that crack and corrosion flaws develop throughout the aircraft's skin and 

substructure elements.  Economic barriers to the purchase of new aircraft have created an aging 

aircraft fleet and placed even greater demands on efficient and safe repair methods.  The use of 

bonded composite doublers offers the airframe manufacturers and aircraft maintenance facilities 

a cost effective method to safely extend the lives of their aircraft.   

 

1.1  Project Overview 

 

The FAA's Airworthiness Assurance Center at Sandia National Labs (AANC) completed a 

program with Boeing and Federal Express to validate and introduce composite doubler repair 

technology to the U.S. commercial aircraft industry.  The team also included participants from 

the FAA Long Beach Aircraft Certification Office (ACO), and the FAA's William J. Hughes 

Technical Center so that FAA oversight remained constant throughout the project.  This project 

focuses on repair of DC-10 structure and builds on the foundation of the successful L-1011 door 

corner repair that was completed by the AANC, Lockheed-Martin, and Delta Air Lines [1].  The 

L-1011 composite doubler repair was installed in 1997 and did not develop any flaws in over 

three years of service.  As a follow-on effort, this DC-10 repair program investigated design, 

analysis, performance (durability, flaw containment, reliability), installation, and nondestructive 

inspection issues.  The multi-year Pilot Program, involving repair of DC-10 aircraft in the FedEx 

fleet, demonstrated the successful, routine use of composite doubler repairs on commercial 

aircraft.   

 

The primary goal of this program was to move the technology into niche applications and to 

streamline the design-to-installation process. Using the data accumulated to date, the team has 

designed and analyzed repairs and developed inspection techniques for an array of composite 

doubler repairs with high-use fuselage skin applications.  The general DC-10 repair areas which 

provide a high payoff to FedEx and which minimize design and installation complexities were 

identified as follows: 1) gouges, dents, lightning strike, and impact skin damage, and 2) corrosion 

grind outs in surface skin.  This report presents the engineering activities used to evaluate the 

technology, as well as the steps that have been taken by industry to make this technology 

available for widespread commercial aircraft use. 
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As part of the successful pilot program, an infrastructure was put in place to accommodate the 

routine use of composite doublers.  This was done by adding their designs alongside the riveted 

metallic repair tables commonly found in OEM Structural Repair Manuals (SRM).  Using these 

look-up tables, maintenance facilities can have the option of choosing the traditional metallic 

repair or the "equivalent" composite doubler repair.  In addition, Boeing prepared Material 

Specifications to allow for the use of Boron-Epoxy composite material on their aircraft.  The 

summary of the aircraft repair activity with Boeing and FedEx follows. 

 

Goal: Produce array of composite doubler repairs for commercial aircraft that provide 

engineering and economic benefits to operators; demonstrate streamlined design-to-

installation process that eliminates the need to precede each repair with a lengthy research 

and development study; modify Structural Repair and NDT Manuals to include the 

composite doubler repair process and allow for widespread use of technology. 

 

Approach: Utilize experience base of team members to produce an applicable and beneficial 

repair project; minimize disruption of normal maintenance activities; construct pre-

fabricated array of repairs to allow for quick repair turnaround of damaged aircraft. 

 

Target Aircraft:  DC-10/MD-11 

 

Applications Chosen: Damage to fuselage skin; these applications provide high use locations and 

ease of installation. 

 

 

1.2  Background 

 

Repairs and reinforcing doublers using bonded composites have numerous advantages over 

mechanically fastened repairs.  Adhesive bonding eliminates stress concentrations, and new 

potential crack initiation sites caused by additional fastener holes.  Composites are readily 

formed into complex shapes permitting the repair of irregular components.  Also, composite 

doublers can be tailored to meet specific anisotropy needs thus eliminating the undesirable 

stiffening of a structure in directions other than those required.  Other advantages include 

corrosion resistance, a high strength-to-weight ratio, and potential time savings in installation.  

The economic advantages stem primarily from time savings in installation and the secondary 

effect of reduced aircraft downtime.  Exact dollar values depend on the complexity of the repair 

installation and the number of repairs installed. 

 

DC-10 Aircraft Application Background - The use of bonded composite doublers offers the 

airframe manufacturers and airline maintenance facilities a cost effective technique to safely 

extend the lives of their aircraft.  Instead of riveting multiple metallic plates to facilitate an 

aircraft repair, it is now possible to bond a single Boron-Epoxy composite doubler to the 

damaged structure.  The tasks completed in the DC-10 effort addressed feasibility, technology 

limitations, design, analysis, structural integrity, inspection, and FAA oversight issues.  This 

installation program represents a major step towards widespread use of composite doublers.  This 
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effort concentrated on common, high use aircraft skin repairs to quickly accumulate both 

installation and flight performance history.  This allowed a track record to be created within the 

FAA community that demonstrated the proper use of composite doublers. 

 

A design and analysis process was conducted to produce a repair set with as wide an application 

regime as possible.  Fuselage skins up to 0.080” thick could be repaired with the composite 

doublers.  The doubler footprint could include frames and longerons but not production joints or 

finger doubler joints.  Repairs for 1”, 3”, and 5” diameter damage were designed and analyzed.  

All of the repairs were 13 ply, quasi-isotropic doublers with symmetrical lay-ups.   

 

Installation in Typical Aircraft Maintenance Depots - An infrastructure for supporting routine use 

of composite doublers was demonstrated at the Federal Express LAX maintenance facility.  The 

family of composite doubler repairs were laid up in advance in order to be quickly available for 

repairs.  Composite doubler installation job cards were prepared from Engineering Authorization 

(EA) documents produced by FedEx engineers.  Specialized training for composite shop and NDI 

shop personnel was completed to allow workers to properly carry out each job card.  All 

composite doublers installed during the Pilot Program were closely monitored by frequent 

inspections to accumulate flight performance history and to validate the entire repair process as 

implemented by a commercial carrier.  This approach demonstrated to the FAA that composite 

doubler repair technology can be safely transferred to industry. 

 

Typical Composite Doubler Installation - Figure 1 shows a typical bonded composite doubler 

repair over a cracked parent aluminum structure.  Sample composite doubler installations, 

showing two families of potential aircraft repair applications, are shown in Figure 2.  The number 

of plies and fiber orientation are determined by the nature of the reinforcement required (i.e. 

stress field and configuration of original structure).  Surface preparation is the most critical 

aspect of the doubler installation.  This consists of paint removal, solvent clean, scotch-brite 

abrasion and chemical treatment to assure proper adhesion.  Since the doubler must be installed 

in the field, vacuum bag pressure and thermal heat blankets, commonly used on in-situ 

honeycomb repairs, are used to cure the composite laminate and adhesive layer. 

 

The taper at the edge of the doubler is used to produce a gradually increasing stress gradient in 

the area of primary load transfer.  In some applications, such as the L-1011 door corner doubler 

design, lightning protection is provided by a copper wire mesh which is imbedded in an adhesive 

film and applied as a top ply over the doubler.  The lightning protection ply has a larger footprint 

than the composite laminate in order to provide a conductive link between the copper mesh and 

the surrounding aluminum skin.  Finally, a top ply of fiberglass is installed to supply mechanical 

and environmental protection for the installation.  Figure 3 shows a riveted, metal repair for the 

door corner application shown in Fig. 2.  The fastened repair consists of two layers of aluminum 

skin and two layers of titanium skin.  In addition, each plate has a unique and complex shape and 

must be formed to match the fuselage contour.  Finally, the plates are mounted to the aircraft 

using an intricate rivet pattern.  The composite doubler repair on the Delta Airlines door corner 

produced a 50% reduction in installation man-hours versus the riveted repair shown in Fig. 3 
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Figure 1:  Schematic and Isometric Views of a Bonded Composite Doubler 

Installation on an Aluminum Skin 
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 (a)  Sample Fuselage Skin Repair  

(composite doubler approx. 12" X 10") 

 

 

 

 (b)  Sample Door Corner Repair – First Composite Doubler Repair (L-1011 Aircraft) 

(composite doubler approx. 5 ft.2 footprint) 

 

Figure 2:  Sample Bonded Composite Doubler Installations Showing Two Families of 

Potential Repair Applications 



 

 14 

 

 
 

 
 

 

 

 

Figure 3:  Conventional Door Corner Repair with Four Riveted Metal Plates; Close-Up 

View Shows Intricate Rivet Pattern and Complex Shape of Quadrupler Plates 
 



 

 15 

 

 

1.3  Doubler Design Guidelines  

 

Moving Technology into Routine Maintenance Programs - Reference [2] describes airframe 

maintenance programs from an airlines’ perspective.  It describes sources of aircraft damage and 

how the damage is addressed through inspection and repair tasks.  A detailed maintenance 

program is required to ensure that an aircraft can be operated safely for an extended period of 

time.  The emphasis of the maintenance program must be constantly adjusted to cater to the age 

of the fleet [2].  These revisions require the co-operation of the aircraft manufacturers, the 

airlines, and the airworthiness authority to ensure that changes made are technically correct, 

stringent enough to assure the aircraft’s continued safety, with due consideration to the cost to the 

airline.  Aircraft structures suffer continuous degradation throughout their service lives.  

Corrosion, fatigue, impact and accidental damage from assorted ground activities all contribute 

to this structural degradation.  The airlines and aircraft maintenance depots accomplish 

permanent and interim repairs suited to the situation and in line with current industry practices.  

These acceptable repair practices must be continuously revisited and expanded to take advantage 

of new materials, new processes, and new techniques that offer both engineering and economic 

advantages.  Through the steady and comprehensive introduction of test data, analyses, and in-

service composite doubler installations on commercial aircraft a critical database has been 

assembled to accurately guide enhancements to formal maintenance programs.  This is an 

important step in the evolution of composite doubler applications since it will eliminate the need 

for each bonded composite repair to be preceded by a lengthy research and testing program. 

 

Doubler Design Guidelines – References [3-6] provide an excellent set of guidelines for 

designing composite doubler repairs.  The primary issues to be addressed include the optimum 

location, size, shape, and laminate taper for the patches.  The major factors that determine the 

patch design parameters are the stress levels at the repaired flaw, the stress levels in the 

composite doubler (maximum allowable fiber stresses), and the stress levels in the adhesive layer 

between the doubler and the aluminum skin.  The important, fundamental results produced by 

Jones and Callinan in ref. [3] are worth reviewing in some detail in order to prepare for the 

damage tolerance discussions later in this report. 

 

The ref. [3] crack repair study used a unidirectional Boron-Epoxy laminate (fiber perpendicular 

to crack) as a baseline design.  The study found that for patches that cover the entire length of the 

crack, a one ply (0.0058” thick) patch reduces the stress intensity factor to 33.5% of its value for 

the unpatched crack.  Furthermore, the rate of decrease in the stress intensity factor, K1P, as the 

patch thickness increases was found to be quite low.  A six layer patch, for example, produced a 

K1P value of 19.5% of the unpatched value.  Thus, an increase in patch thickness by a factor of 6 

only produces an additional 14% reduction in the stress intensity factor.  Another important 

finding of the ref. [8] study was that in thin patches, the stresses over the flaw (in both the patch 

and the adhesive) are critical.  However, as the patch thickness is increased, the shear stresses in 

the adhesive at the edges of the patch footprint become critical and may exceed allowable limits.  

The findings summarized above produced a series of design requirements that are necessary to 

maintaining the structural integrity of a composite doubler repair [3]. 
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1) Fiber Strain – For a maximum Boron fiber strain of 5,000 µε, the stress in the fibers must 

satisfy 

 

  σf  <  0.005 E11 (1) 

 
where E11 is Young’s modulus in the direction of the fibers (28.0 X 106 psi).  When the fiber 

stress concentration, Kf, is considered the governing equation for fiber strain becomes 

 

  σf = Kf σ <  .14 lb/in
2 (2) 

 

Thus, if the applied stress, σ, is known the maximum permissible value of Kf and the minimum 

permissible patch thickness can be determined. 

 

2) Shear Stress in Adhesive – For a maximum allowable adhesive shear stress of 7 KSI and 

considering the stress concentrations at the crack and at the edge of the patch, the following 

design equations must be satisfied 

 

  τa(c) = Ka(c) σ <  7,000 lb/in
2 (3) 

 

  τa(e) = Ka(e) σ <  7,000 lb/in
2 (4) 

 

Equations (2) and (3) can be solved to produce a doubler thickness to satisfy the stress 

requirements at the crack (for both laminate and adhesive).  However, this often produces 

adhesive stresses at the edge of the doubler that exceed those allowed by eq. (4).  The adhesive 

stresses at the edge of the doubler can be reduced to admissible levels by stepping the thickness 

of the doubler from one or two plies at the outer perimeter to full thickness over a taper region.  

The length of the taper region is normally chosen to produce an edge taper ratio (taper depth-to-

thickness increase ratio) of 10 to 30.  Figure 1 shows a typical doubler edge taper used to 

gradually transfer load from the aluminum skin and reduce the shear stress in the adhesive.  The 

design of the composite doublers for DC-10 skin damage encountered this need to balance 

doubler thickness with an appropriate edge taper [7].  Ref. [3] provides quantitative stress 

reductions corresponding to the use of stepped doublers.  It also lists the effects of varying 

adhesive thickness and the difference between single- and double-sided repairs. 

 

 

1.4  Damage Tolerance and Fracture Control Plan 
 

 1.4.1 Damage Tolerance and Analysis Methodologies 
 

Inspection requirements (sensitivity and inspection intervals) are driven by Damage Tolerance 

Analyses (DTA).  However, the stack of metal parent material (isotropic), composite lamina 

(anisotropic), and adhesive layers makes the analysis quite complex and hinders the calculation 

of an exact DTA.  It is difficult to determine the effects of flaw size and the point at which a flaw 

size/location becomes critical.  This is especially true of disbond, delamination, and porosity 
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flaws.  Thus, an increased emphasis is placed on quantifying the probability that a flaw of a 

particular size and location will be detected by a piece of NDT equipment.  In any surveillance of 

aircraft structure there are three main aspects to the inspection requirements: 1) the damage 

tolerance analysis (DTA) which determines the flaw onset and growth data (especially critical 

flaw size information), 2) the sensitivity, accuracy, and repeatability of NDI techniques which, in 

concert with the DTA, establishes the minimum inspection intervals, and 3) the impediments that 

the NDI techniques must contend with while achieving the required level of sensitivity.  In 

addition to this report, detailed discussions on damage tolerance assessments for composite 

materials are presented in references [8-12].   

 

The reference [11] observations mirror one of the primary results obtained in the damage 

tolerance assessment presented in this report: adhesively bonded doublers are extremely damage 

tolerant to large disbonds and other detrimental conditions such as impact and hot-wet 

conditioning.  These results are quantified in Chapter 5 of this report.  If, in fact, disbond and 

delamination flaws do not grow even under extreme environmental conditions, then an 

acceptable design should be predicated on the fact that the stresses in the adhesive are kept below 

a limiting or threshold value.  As a result, reference [11] introduces an essential design 

methodology that considers damage tolerance.  It uses a fatigue threshold load, Pf, and a fatigue 

threshold strain, εf, below which irreversible damage in the adhesive will not occur.  For thin skin 

repairs, the equations used to determine the threshold load and strain values are as follows: 

 

  Pf = 2 (t Wf ET)
1/2 (5) 

 

  εf = 2 (t Wf E/T)
1/2 (6) 

 

where, 

 t = thickness of the adhesive  

 T = thickness of the adherend (skin) 

 E = Young’s modulus of the skin 

 Wf = threshold value of the strain energy density of the adhesive  

 

Wf can be determined experimentally [12].  Ref. [11] also describes the maximum load, Pmax, that 

can be carried by a bond in a symmetrical bonded joint as, 

 

  Pmax = 2 (t Wc ET)
1/2 (7) 

 

where Wc is the maximum strain energy density of the adhesive.  Thus, composite doubler repair 

design guidelines are that Pmax is greater than the ultimate load for the repaired structure and that 

Pf is greater than the limit load.  Ref. [11] also points out that these critical design variables are 

affected by the loading rate.  A conservative estimate for Pmax can be obtained by using the value 

of the maximum von Mises equivalent stress in the adhesive, σe, as measured in high strain rate 

tests.  For FM73, the adhesive used in this study, σe = Pmax = 5,800 psi and the threshold stress 
σth = 3,600 psi.  This analysis approach clearly shows the importance of the adhesive in 

determining the overall performance of the bonded repair.  The effects of the inelastic strain 

build-up in the adhesive layer can accumulate with each load cycle.  This hysteresis must be 
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considered when determining the loads and fatigue cycles necessary to reach the maximum 

strain. The approach outlined above has been in composite doubler design to address damage 

tolerance provisions of the U.S. Federal Aviation Regulations (FAR) Part 25. 

 

The abilities of nondestructive inspection techniques to meet the DTA flaw detection 

requirements are presented in references [13-17].  The fundamental result from the ref. [14] NDI 

study and Section 5 of this report is that a team of NDI techniques can identify flaws well before 

they reach critical size.  Crack detection in the parent aluminum material can be accomplished 

using conventional eddy current and X-ray techniques. Also, ultrasonic and thermography 

methods have been successfully applied to the problem of disbond and delamination detection. 

 

 1.4.2  Analysis of Composite Repairs 
 

Numerous efforts have developed, refined, and advanced the use of methodologies needed to 

analyze composite doubler installations. Obviously, this is a critical element in the repair process 

since a badly implemented repair is detrimental to fatigue life and may lead to the near-term loss 

of structural integrity.  The difficulties associated with analyzing the stress fields and flaw 

tolerance of various composite doubler designs and installations are highlighted in references [8-

10].  Doubler design and analysis studies [11, 18-25] have led to computer codes and turn-key 

software [26-27] for streamlining the analyses.  These developments have taken great strides to 

eliminate the approximations and limitations in composite doubler DTA.  In references [8] and 

[20], Baker presents an extensive study of crack growth in repaired panels under constant 

amplitude and spectrum loading.  The installation variables evaluated were: 1) doubler disbond 

size, 2) applied stress, 3) doubler thickness, 4) min-to-max stress ratios (R ratio), and 5) 

temperature.   

 

In refs. [8] and [20], a predictive capability for the growth of cracks repaired with composite 

doublers was developed using Rose’s analytical model [21] and experimental fatigue studies.  

The important stress variables include the stress range, ∆σ∞, and stress ratio, R,  where, 

 

 ∆σ∞ = σmax - σmin (8) 

 

 R = σmin/ σmax (9) 

 

A Paris-type crack growth relationship is assumed between da/dN and ∆K for the repaired crack 
such that, 

 

 da/dN = f(∆K,R) = AR∆Kn(R)
 (10) 

 

where a is the crack length, N is the number of fatigue cycles, and AR and n(R) are constants for a 

given R value.  Tests results in [8] and [20] produced crack growth constants and were used to 

validate the model for crack mitigation effects of composite doublers.  It was determined that 

Rose’s model for predicting the stress-intensity range, ∆K, provides a good correlation with 

measured crack growth data (da/dN), however, anomalies were observed in the cases of 
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temperature and R-ratio effects.  Estimates of crack growth in composite doublers containing 

various disbond sizes were also determined. 

 

In lieu of using computationally expensive, three-dimensional finite element analyses, reference 

[22] presents the use of a simple analysis using Mindlin plate theory.  The aluminum parent plate 

and composite doubler are modeled separately by the Mindlin plate finite element (using 

ANSYS) and the adhesive layer is modeled with effective springs connecting the doubler to the 

aluminum plate.  The model showed excellent agreement with existing boundary element 

solutions and three-dimensional finite element solutions when calculating the stress intensity 

factors for double-sided patches.  However, the Mindlin plate theory produced appreciably 

different K values than a three-dimensional FEM for single-sided doubler repairs.  These results 

highlight some of the difficulties in modeling composite doubler repairs and the need for 

innovative schemes to address single-sided repairs. 

 

Complete three dimensional FEM analyses of composite doubler repairs are provided in 

reference [23].  Ref. [23] addressed one-sided repairs and showed that the stress intensity factor 

reaches an asymptotic value, rather than increasing indefinitely as would be the case for an 

unrepaired crack.  Furthermore, the stress intensity factor can be approximated by an analytical 

expression that provides a close, yet conservative, estimate for repairs over all crack lengths.  

While the stress intensity factor for a one-sided repair is much less than the unrepaired 

configuration, it exceeds the value for the corresponding two-sided repair.  This analytical 

finding supports test results that show the secondary bending induced by the shift in neutral axis 

in a one-sided patch has a detrimental effect on the efficiency of bonded composite repairs. 

 

No discussion of design and analysis methodologies is complete without a mention of a closely-

coupled validation program.  Reference [24] presents a detailed design and analysis validation 

effort to substantiate a safety-critical repair to an F-111 lower wing skin.  The repair 

substantiation involved both detailed FEM stress analysis and structural testing ranging from 

coupons to quasi full-scale specimens representing a spar-stiffened wing box structure.  The 

intercomparison of results provides a high level of confidence that the static residual strength has 

been restored to the original ultimate strength levels.  It also provides a good foundation for the 

subsequent management of the repaired structure by establishing inspection intervals with 

sufficient safety factors.   

 

The test results presented in this document and in reference [13] supplement the composite 

doubler analyses efforts described above and provide a basis of comparison with computational 

models.  Analysis improvements, however, must be validated by successful flight performance of 

operational doublers.  This can only be accumulated over a long period of time.  Continued 

surveillance of installed doublers will provide quantitative flight performance history and 

produce a conservative safety factor.  Thus, regardless of the excellent damage tolerance results 

accumulated to date, NDI will continue to play a critical role in the use of composite doublers. 

 

The development and evaluation activities discussed in this report, along with references [13-16], 

were conducted in a fashion that allowed the results to be applied to aircraft repairs in general.  

The overall goal in this approach is to minimize and optimize the testing that must compliment 
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each new composite doubler installation.  In order for composite doubler technology to be useful 

to the commercial aircraft industry, the design-to-installation cycle must be streamlined.   

 

Need for Damage Tolerance Assessments - One of the primary concerns surrounding composite 

doubler technology pertains to long-term survivability, especially in the presence of non-

optimum installations.  This test program demonstrated the damage tolerance capabilities of 

bonded composite doublers.  The fatigue and strength tests quantified the structural response and 

crack abatement capabilities of Boron-Epoxy doublers in the presence of worst case flaw 

scenarios.  The engineered flaws included cracks in the parent material, disbonds in the adhesive 

layer, and impact damage to the composite laminate.  Environmental conditions representing 

temperature and humidity exposure were also included in the coupon tests.   

 

 1.4.3  Damage Tolerance Assessment to Establish Inspection Intervals 
 

Damage tolerance is the ability of an aircraft structure to sustain damage, without catastrophic 

failure, until such time that the component can be repaired or replaced.  The U.S. Federal 

Aviation Requirements (FAR 25) specify that the residual strength shall not fall below limit load, 

PL, which is the load anticipated to occur once in the life of an aircraft.  This establishes the 

minimum permissible residual strength σP = σL.  To varying degrees, the strength of composite 

doubler repairs are affected by crack, disbond, and delamination flaws.  The residual strength as a 

function of flaw size can be calculated using fracture mechanics concepts.  Figure 4 shows a 

sample residual strength diagram.  The residual strength curve is used to relate this minimum 

permissible residual strength, σP, to a maximum permissible flaw size aP.   

 

 

Design

Strength

(j * σmax)

σp = σL

σmax

(Max Service Load)

Range of Normal 

Service Loads

Flaw Size

   j = safety factor

σp= min permissible residual strength

ap = max permissible flaw size

ap ac

Residual

Strength

 
 

Figure 4:  Residual Strength Curve 
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A fracture control plan is needed to safely address any possible flaws which may develop in a 

structure.  Nondestructive inspection is the tool used to implement the fracture control plan.  

Once the maximum permissible flaw size is determined, the additional information needed to 

properly apply NDI is the flaw growth versus time or number of cycles.  Figure 5 contains a flaw 

growth curve.  The first item of note is the total time, or cycles, required to reach aP.  A second 

parameter of note is ad  which is the minimum detectable flaw size.  A flaw smaller than ad 

would likely be undetected and thus, inspections performed in the time frame prior to nd  would 

be of little value.  The time, or number of cycles, associated with the bounding parameters ad  

and aP  is set forth by the flaw growth curve and establishes H(inspection).  Safety is maintained 

by providing at least two inspections during H(inspection) to ensure flaw detection between ad  

and aP .   

 

Inspection Intervals - An important NDI feature highlighted by Fig. 5 is the large effect that NDI 

sensitivity has on the required inspection interval.  Two sample flaw detection levels ad (1) and 

ad (2) are shown along with their corresponding intervals nd (1) and nd (2) .  Because of the 

gradual slope of the flaw growth curve in this region, it can be seen that the inspection interval 

H1(inspection) can be much larger than H2(inspection) if NDI can produce just a slightly better 

flaw detection capability.  Since the detectable flaw size provides the basis for the inspection 

interval, it is essential that quantitative measures of flaw detection are performed for each NDI 

technique applied to the structure of interest.  This quantitative measure is represented by a 

Probability of Detection (PoD) curve such as the one shown in Figure 6.  Regardless of the flaw 

size, the PoD never quite reaches 1 (100% possibility of detection).  Inspection sensitivity 

requirements normally ask for a 90-95% PoD at aP.  For any given inspection task, the PoD is 

affected by many factors such as: 1) the skill and experience of the inspector, 2) accessibility to 

the structure, 3) exposure of the inspection surface, and 4) confounding attributes such as 

underlying structure or the presence of rivets.  Thus, the effects of circumstances on PoD must be 

accounted for in any NDI application and associated fracture control plan.   

 

As an example of the DTA discussed above, reference [28] describes the design and analysis 

process used in the L-1011 program.  It presents the typical data - stress, strength, safety factors, 

and damage tolerance - needed to validate a composite doubler design.  The design was analyzed 

using a finite element model of the fuselage structure in the door region along with a series of 

other composite laminate and fatigue/fracture computer codes.  Model results predicted the 

doubler stresses and the reduction in stress in the aluminum skin at the door corner.  Peak 

stresses in the door corner region were reduced by approximately 30% and out-of-plane bending 

moments were reduced by a factor of 6.  The analysis showed that the doubler provided the 

proper fatigue enhancement over the entire range of environmental conditions.  The damage 

tolerance analysis indicated that the safety-limit of the structure is increased from 8,400 flights to 

23,280 flights after the doubler installation (280% increase in safety-limit).  It established an 

inspection interval for the aluminum and composite doubler of 4,500 flights. 
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Figure 5:  Crack Growth Curve Showing Time Available for Fracture Control 
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Figure 6:  Probability of Flaw Detection vs. Flaw Size 
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1.5  Summary of Installation Process  
 

All composite doublers were installed using either the Phosphoric Acid Non Tank Anodize 

(PANTA) surface preparation procedure and the Phosphoric Acid Containment System (PACS) 

equipment or the Sol-Gel surface preparation procedure.  The Sol-Gel surface preparation 

procedure is discussed in Section 5.0.  The PANTA installation procedure is provided in Boeing 

Specification D658-10183-1 (also listed as Textron specification 200008-001).  This installation 

specification was used for the installation of over 150 Boron-Epoxy doublers on fatigue test 

specimens and for the installation of most Boron-Epoxy doublers on civil aircraft to date.  

Boeing Specification D658-10183-1 references a series of FAA-approved Boeing Aircraft 

Corporation (BAC) processes and Boeing Material Specifications (BMS) that are widely used by 

Boeing on commercial aircraft.  The key installation steps – stemming from the general repair 

flowchart shown in Figure 7 - are summarized below. 

 

Summary of Composite Doubler Installation Procedure 

 

1. Aluminum Surface Preparation - Solvent clean per BAC 5750.  Remove the oxide on 

the aluminum prior to Phosphoric Acid Anodize using Scotch Brite pads to achieve a 

30 second water-break free condition per paragraph 6.6.9.2.2 of specification 200008-

001.  Phosphoric Acid Anodize (PAA) the aluminum surface using Phosphoric Acid 

Containment System (PACS) equipment as described in paragraph 6.6.9.2.2 of Boeing 

Specification D658-10183-1.  Alternately, apply Sol-Gel chemical as per Boeing 

Structural Repair Manual. 

 

2. Primer and Adhesive Process - Prime the PAA aluminum surface using Cytec BR-127 

primer (or equivalent: EC3960), type 1, grade A per BMS 5-89 if used in conjunction 

with the PANTA process.  Apply BR-6747 primer if used in conjunction with the Sol-

Gel process.  Co-cure the Cytec FM-73 (or equivalent: AF163) structural film adhesive 

per BMS 5-101 simultaneously with the Boron-Epoxy doubler. 

 

3. Boron-Epoxy Doubler Installation and Cure - Lay up the 5521/4 Boron-Epoxy doubler 

in accordance with the application design drawing.  Cure for 90 minutes at 250oF or 180 

minutes at 225oF at 0.54 ATM vacuum bag pressure (equivalent atmospheric pressure is 

7.35 psia) using standard “hot bonder.”  Use computer-controlled heat blankets to 

provide the proper temperature cure profile in the field.  Use a series of thermocouples 

in an active feedback loop to maintain the proper temperature profile.  Bag the doubler 

laminate in accordance with Figure 8.  Note that one ply of bleeder cloth should be used 

for each 3-4 plies of boron/epoxy material in the doubler.  Alternate temperature 

profiles can be used where lower cure temperatures are accompanied by longer cure 

times.  The alternate temperature cures are: 

• 225oF to 250oF for 90 to 120 minutes 

• 210oF to 225oF for 180 to 210 minutes 

• 190oF to 210oF for 360 to 390 minutes 
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Figure 7:  General Flowchart for Repair of Metallic Aircraft Structure Using 

Bonded Composite Repairs 
 

 

Figure 8:  Vacuum Bagging for Cure of Doubler on Aluminum Skin 

ASSESS COMPONENT DAMAGE

PROCEED WITH DAMAGE REMOVAL METHODS

ACCOMPLISH REPAIR BY SELECTING APPLICABLE REPAIR PROCEDURE

PERFORM POST-REPAIR INSPECTION

COMPOSITE DOUBLER LAY-UP AND INSTALLATION

PHOSPHORIC ACID ANODIZE SURFACE PREPARATION SOL-GEL CHEMICAL SURFACE PREPARATION

Aluminum part

Film adhesive

Boron/Epoxy tape

Fiberglass cover ply

Release fabric
Bleeder

Release film

Heat blanket

Breather mat

Breather mat

Bagging film

Sealant tape

Section View

Thermocouple

(air weave 10 oz.)

(air weave 10 oz. 

or 2X 4 oz.)

(non-perforated)

(porous)

*

*  1 ply of bleeder for every 3 to 4 doubler plies
Aluminum part

Film adhesive

Boron/Epoxy tape

Fiberglass cover ply

Release fabric
Bleeder

Release film

Heat blanket

Breather mat

Breather mat

Bagging film

Sealant tape

Section View

Thermocouple

(air weave 10 oz.)

(air weave 10 oz. 

or 2X 4 oz.)

(non-perforated)

(porous)

*

*  1 ply of bleeder for every 3 to 4 doubler plies



 

 25 

 

1.6  Technical and Economic Considerations 

 

Cost-Benefit Assessment - A complete validation process must also include an assessment of the 

cost effectiveness of the new maintenance technique in light of the engineering advantages.  This 

includes an analysis of the implementation costs represented by dollars, time, and resources that 

are used to carry out the maintenance practice (in this case aircraft repair and subsequent 

inspection). The aircraft repair process using bonded composite doublers has numerous 

advantages over conventional, mechanically fastened repairs.  Following is a summary of the 

engineering and economic advantages.  Table 1 compares the key features of composite doubler 

repairs with existing metallic doubler repair technology. 

 

 1.6.1  Engineering Advantages 

 

The process of repairing airplane structures is time consuming and must be carefully engineered.  

A repair that is too stiff may result in a loss of fatigue life, continued growth of the crack being 

repaired, and the initiation of a new flaw in the undesirable high stress field around the patch.  

The use of rivets to apply conventional doublers exacerbates these problems.  At present, there is 

a concern that when repairing multi-site or wide-spread fatigue damage using conventional 

methods, the close proximity of a large number of mechanically fastened repairs may lead to a 

compromise in the global damage tolerance of the structure.  Numerous articles have addressed 

the myriad of concerns associated with repairing aircraft structures.  Many of these repair 

difficulties can be addressed through the use of composite doublers. The aircraft repair process 

using bonded composite doublers has numerous advantages over conventional, mechanically 

fastened repairs.   

 

1. Adhesive bonding eliminates stress concentrations caused by additional fastener 

holes - rivet holes create stress intensity factors (magnification) of 3 times the 

uniform stress field away from the metal doubler; the adhesive layer produces a 

gradual load transfer into the doubler and eliminates all stress risers.  Adhesive 

bonding also makes repairs possible on structures that cannot tolerate additional 

fastener holes. 

 

  2. Crack Mitigation Performance - comprehensive fatigue testing has determined that 

the structure's fatigue life (resistance to crack growth) is improved 2.5 times greater 

than with metal doublers. 

 

  3. Strength-to-Weight Ratio - Composite laminates are over three times stronger than 

comparable metal repairs yet they are 50% lighter.  Equivalent composite doublers 

can be up to 50% thinner than metal repairs.  This reduces aircraft drag. 

 

  4. Flexibility in Design - The unidirectional strength of individual composite plies 

allows doublers to be tailored to meet specific anisotropy needs.  This eliminates 

undesirable stiffening of a structure in directions other than those required.  This 

feature works with item (1) to improve the fatigue life of the structure being repaired. 
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  5. Corrosion Resistance - Boron-Epoxy material does not corrode and will not induce 

corrosion in the parent material.  Metal doublers corrode over time.  Corrosion 

beneath doublers, accelerated by water entrapment, is a common problem.  Corrosion 

inspection, removal, and repair activities induce tremendous costs in the multi-billion 

dollar commercial aircraft maintenance industry. 

 

  6. Formability - Composite laminates are easily formed to fit the contour of fuselage 

sections and tight radius areas such as engine cowlings and leading edges of wings.  

Metal doublers can be formed to fit curved surfaces but this requires an additional 

machining process and incurs additional costs. 

 

 

 1.6.2  Economic Advantages 

 

The economic advantages stem primarily from time savings in installation and the secondary 

effect of reduced aircraft downtime.  Exact dollar values depend on the complexity of the repair 

installation and the number of repairs installed.  In general, data accumulated to date using 

demonstration installations have indicated that it may be possible to realize a 50% - 60% savings 

in labor when applying composite doublers.   

 

One of the most common aircraft repairs is the application of a doubler to a cracked, corroded, or 

dented surface skin (scab repairs).  Composite doublers are particularly well suited to these type 

of repairs.  Many of these repairs can be completed without accessing the inside of the aircraft 

structure.  This can produce a large time savings if the comparable metallic doubler requires 

inside access to install the fasteners.  These type of surface skin scab repairs can be found many 

times on a single aircraft.  Thus, economies of scale come into play and the cost savings can be 

substantial when applied over a carrier’s entire fleet.   

 

An important by-product of the reduced man-hours needed to install a composite doubler repair 

is that it may be possible to return an aircraft to service earlier.  In some cases, a composite 

doubler may allow for an overnight repair and eliminate any loss of service for an aircraft.  

Revenue loss for aircraft down time can be upwards of $100,000 per day.  With approximately 

10,000 aircraft flying in the U.S. commercial fleet, reduced aircraft downtime may represent the 

greatest potential for cost savings. 
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Aircraft 

Repair 

Feature 

Bonded Composite 

Doublers 

Riveted Metal Doublers Advantage of Composites & 

Notes 

Stress Field • No need for additional 

fastener holes in structure 

• Bond provides a  

uniform stress filed 

• New holes produce stress  

risers and fatigue crack  

initiation sites 

• Load transfer occurs  

exclusively at  

edge of doubler 

• Produces gradual load 

transfer and more uniform 

stress field 

• Eliminates stress risers 

(stress magnification  

of 3 found in riveted 

doublers) 

Fatigue Life • Composite doubler can be 

tailored to provide  

stiffness only in the 

required directions 

• Bonded doubler provides 

uniform stress reduction in 

immediate vicinity of flaw 

• Isotropic material produces 

uniform & sometimes 

undesirable stiffening in all 

directions 

 

• Longer Fatigue Life: 

crack mitigation tests show 

less than half the crack 

growth over the same 

number of fatigue cycles 

(fatigue life improved by 

factor of 2.5) 

• Improved damage tolerance

Corrosion 

Resistance 

• Boron-Epoxy material  

does not corrode or induce 

galvanic reaction in the 

parent aluminum material 

• Adhesive bonding process 

seals off material beneath it 

from all moisture  

• Metal doublers will corrode 

over time 

• Installation provides location 

for water entrapment between 

doubler and parent aluminum 

structure; this accelerates 

corrosion process 

• May eliminate follow-up 

maintenance costs 

(inspection, corrosion 

removal, replacement  

of metal doubler) 

• Avoids aggravation 

of initial flawed area 

Aerodynamics • Higher strength at 

reduced ply thickness 

allows for thinner doublers 

• Typical repairs are two to four 

plates thick (0.125" to 0.375") 

• Up to 50% decrease in 

thickness improves 

aerodynamics 
 

Table 1: Comparison Between Bonded Composite Doubler Repair Technique 

and Riveted Metallic Doubler Aircraft Repairs 
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Aircraft 

Repair 

Feature 

Bonded Composite 

Doublers 

Riveted Metal Doublers Advantage of Composites & 

Notes 

Strength-to 

Weight 

• Modulus = 28 msi 

• Tensile Strength = 225 ksi

• Density = .066 lbs/in3 

 

• Modulus (alum/steel) =  

10 / 30 msi 

• Tensile Strength  

(alum/steel) = 64 / 80 ksi 

• Density (alum/steel) =  

0.100 / 0.283 lbs/in3 

 

• Strength properties exceed 

aluminum and steel  

• Improved fuel efficiency 

through reduction in aircraft 

weight (50% - 70% 

reduction in weight per 

doubler) 

Method of 

Attachment to 

Aircraft 

• Adhesive bonding • Mechanical fasteners, rivets • Certain structures, such as 

wing spars, cannot tolerate 

the addition of new holes 

(must be replaced rather  

than repaired) 

• Proper surface preparation 

and adhesive bonding 

processes are crucial to 

composite doublers 

Formability • Hand pressure can readily 

shape doubler to contoured 

surfaces (e.g. engine 

cowlings, wing leading 

edges) 

• Machining process must be 

employed to provide proper 

contour on metal doublers 

in tight radii areas 

• Eliminates additional step 

and associated costs 

 

Table 1: Comparison Between Bonded Composite Doubler Repair Technique 

 and Riveted Metallic Doubler Aircraft Repairs  (continued) 
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Aircraft 

Repair 

Feature 

Bonded Composite 

Doublers 

Riveted Metal Doublers Advantage of Composites & 

Notes 

Installation 

Time 

• Typical 1 ft.2 fuselage  

skin repair (12 man-hours) 

• Typical 1 ft.2 fuselage  

skin repair (40 man-hours) 

 

• Decreased aircraft down 

time  

• Maintenance cost savings 

due to reduced man-hours 

required 

Material Cost • Cost depends on size of 

doubler and number of 

plies 

 

• Typical 1 ft.2 skin repair 

doubler: $800 

(20 plies) 

 

• Depends on number of plates & 

rivets, metal type, and forming 

required 

• Typical 1 ft.2 skin repair 

doubler: $300 

(including machining) 

 

 

• Costs approximately 2.5 

times comparable metal 

doublers 

• Greater material costs can 

be offset by savings in man-

hours & decreased aircraft 

downtime 

 

Table 1:  Comparison Between Bonded Composite Doubler Repair Technique 

 and Riveted Metallic Doubler Aircraft Repairs  (continued) 
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2.0  DESIGN AND ANALYSIS OF FUSELAGE REPAIRS FOR 

WIDEBODY AIRCRAFT 
 

2.1  Fuselage Repair Designs 

 

Repair Category for Designs - gouges, dents, and corrosion grind-outs in fuselage skin (strive for 

high use locations and ease of installation).  The fuselage designs accommodated repairs that 

encompass substructure elements.   

 

Figure 9 shows a representative skin repair from the DC-10 Structural Repair Manual that can be 

replaced by the family of composite doublers developed in this DC-10 program.  This repair 

schematic shows the conventional riveted, metallic doubler.    

 

 

Figure 9:  Typical Fuselage Skin Damage To Be Repaired By Composite Doublers 

 

 

Repair Designs - The family of composite doublers allowed for the repair of corrosion (internal 

and external), impact damage, and lightning strike damage to the DC-10 and MD-11 fuselage 

skins.  The doublers were designed to restore the original static, fatigue, and durability capability 

of the structure.  The design and analysis process was conducted to produce a repair set with as 

wide an application regime as possible.  Fuselage skins up to 0.080” thick can be repaired with 

the family of composite doublers designed in this program.  The doubler footprint may cover 

frames and longerons but not production joints or finger doubler joints.  Repairs for 1”, 3”, and 

5” diameter damage were designed and analyzed.  All of the repairs are 13 ply, quasi-isotropic 
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doublers with symmetrical lay-ups.  Figures 10 and 11 provide the details of the composite 

doubler designs for 1” and 3” diameter flaws, respectively.   
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Figure 10:  Composite Doubler Design for 1” Diameter Skin Flaws on DC-10 Aircraft  
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Figure 11:  Composite Doubler Design for 3” Diameter Skin Flaws on DC-10 Aircraft  

 



 

 34 

Engineering Drawings - An engineering drawing was prepared to guide the fabrication and 

installation of all composite doublers [1].  It includes the footprints for all three repair designs, as 

well as, a comprehensive set of notes to guide all fabrication, installation, QA, and inspection 

activities for the DC-10/MD-11 repairs.  These drawings were added to the Structural Repair 

Manual (SRM) to allow for routine use of the composite doubler fuselage skin repairs.  The SRM 

revision followed a successful composite repair pilot program with Federal Express (see Chapter 

6.0).   

 

 

2.2  Stress Analysis of Composite Doubler and Surrounding Aluminum Structure 

 

 2.2.1  Analysis Approach 

 

The finite element model (FEM) was developed to assess the stress levels in each of the critical 

regions: 1) composite laminate, 2) adhesive layer, and 3) aluminum skin adjacent to the repair.  A 

repair patch that is too thick could raise the stress levels in the surrounding aluminum above 

allowable levels.  A repair patch that is too thin could result in excessive stress levels in the 

doubler.  Finally, a repair with inadequate edge taper could produce high shear stresses in the 

adhesive layer at the edge of the doubler.  The stress analysis was performed using NASTRAN 

and NASA FRANC2D/L FEM codes.  A worst-case load scenario, including extreme shear 

loads, was applied to the design.  In addition, the analysis conservatively assumed zero load 

transfer in the damaged area.  The applied loading was a worst case DC-10/MD-11 stress 

spectrum of: σx(axial) = 10.4 KSI, σy(hoop) = 20.7 KSI, and τxy(shear) = 20 KSI. 

 

 2.2.2  Material Allowables 

 

In order to proceed with the application of Boron-Epoxy (B-E) pre-preg, fiber-reinforced, 

composite material on an aircraft, it was necessary to complete a certification activity to ensure 

acceptable material properties.  A Boeing Designated Engineering Representative (DER) for 

materials worked with Sandia Labs and Specialty Materials Inc. (SMI), producers of the B-E 

material to complete the certification of 5521 B-E for aviation use.  The Douglas Material 

Specification (DMS) 2474 was issued by Boeing and submitted to the FAA Los Angeles Aircraft 

Certification Office (ACO) using a DER-approved 8110-3 form. 

 

The new DMS 2474 "Boron Reinforced Epoxy Prepreg, 250oF Cure” specification was issued to 

control the production of B-E 5521 used for fabrication or repair of aircraft assemblies.  DMS 

2474 was qualified to both an autoclave pressure cure process (to represent depot level repairs) 

and a vacuum bag oven cure process (to represent field level repairs).  There were 11 tests 

conducted to produce the 12 material properties summarized in Table 2.  The DMS also covers 

proper shipping, handling, and storage of B-E 5521 material. 

 

In addition to the mechanical property values, the material allowables evaluation effort included 

items such as: Boron filament density measurements, quality assurance on fiber count, high 

pressure liquid chromatography (HPLC) analysis of the resin performed in accordance with the 

general approach given in ASTM E 682, infrared spectrum tests on the epoxy resin performed 
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per ASTM E 168, wet resin content measurements on the pre-preg material as per ASTM D 3529 

and generation of Production Control Documents at SMI.  Ultimate tensile strength and modulus 

were determined in accordance with ASTM D 3039.  Ultimate compressive strength at failure 

was determined in accordance with ASTM D 695.  The interlaminar short beam shear strength 

was determined in accordance with ASTM D 2344 

 

 

 

Test* 

 

Ply Orientation 
Test 

Temperature, 
o
F 

Specimen 

Precondition 

 

Requirement 

Autoclave Cured Laminates 

RT 215,000 Tensile Ultimate 0o  (6 ply) 

180 

Dry 

210,000 

Tensile Modulus 0o  (6 ply) RT Dry 24.9 – 31.7 

-65 420,000 Compression Ult. 0o  (8 ply) 

RT 

Dry 

415,000 

RT 13,800 Short Beam Shear 0o  (6 ply) 

180 

Dry 

10,600 

Vacuum Bag Cured Laminates 

-75 190,000 0o  (6 ply) 

RT 188,000 

-75 115,000 

Tensile Ultimate 

(0o, +45o, 0o, -45o, 

0o)s   (10 ply) RT 

Dry 

110,000 

Compression Ult. 0o  (6 ply) RT Dry 325,000 
*  6 specimens of each; plus Infrared and High Pressure Liquid Chromatography Spectrum tests on epoxy 

resin.  

 

Table 2:  Production Certification Tests for 5521 Boron-Epoxy Uniaxial Tape 
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TEST TEMP PLY BATCH 1 BATCH B195 DMS 2474 REQ’T 

 oF/COND ORIENT. AVG MIN. AVG. MIN. AVG. MIN. 

TENSILE -75/ 00
 204.9 196.0 214.0 179.7 190 171 

ULTIMATE DRY        

(KSI) RT/ 00
 190.0 188.7 199.9 191.9 188 169 

 DRY        

 180/ 00
 174.7 167.0 - - 165 149 

 WET        

 RT/ 00
 190.0 179.2 - - 180 162 

 SKY.        

 -75/ (00,+450, 129.7 115.4 139.6 135.8 115 104 

 DRY 00,-450,00)s       

 RT/ (00,+450, 123.7 112.7 131.9 121.2 110 99 

 DRY 00,-450,00)s       

 180/ (00,+450, 114.4 102.0 - - 100 90 

 WET 00,-450,00)s       

 RT/ (00,+450, 116.3 105.4 - - 105 95 

 SKY. 00,-450,00)s       

TENSILE -75/ 00
 25.1 24.4 29.1 27.3 22.1 – 30.0 

MODULUS  DRY       

(MSI) RT/ 00
 26.3 25.5 28.4 27.6 23.2 – 30.0 

 DRY       

 180/ 00
 24.2 23.1 - - 21.4 – 27.0 

 WET       

 RT/ 00
 24.8 24.2 - - 21.8 – 27.8 

 SKY.       

 -75/ (00,+450, 17.6 16.2 18.6 18.3 14.9 – 20.3 

 DRY 00,-450,00)s      

 RT/ (00,+450, 17.4 15.8 17.9 17.5 14.2 – 20.6 

 DRY 00,-450,00)s      

 180/ (00,+450, 16.0 14.2 - - 12.4 – 19.6 

 WET 00,-450,00)s      

 RT/ (00,+450, 16.6 15.9 - - 14.6 – 18.6 

 SKY. 00,-450,00)s      

COMPRESSION RT/ 00
 344 - 278.0 235.3 275 248 

ULTIMATE DRY        

(KSI) RT / 00
 324 285 - - 275 248 

 DE-ICE/        

 RT/ 00
 332 272 - - 275 248 

 MEK        

 RT/ 00
 326 272 - - 275 248 

 JP-4        

 RT/ 00
 323 284 - - 275 248 

 HYD OIL        

 RT 00
 342 326 - - 275 248 

 SKY.        

Wet = 14 days exposure to 160oF/95% RH;  RT = room temperature 

All data, except interlaminar shear, normalized to 0.052” th./ply 

 

Table 3:  Laminate Mechanical Property Results for Oven-Cured Vacuum-Bagged 

Boron-Epoxy 5521 Pre-Preg Material 
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The resulting set of material properties used in the design analysis is summarized in Table 4.  

The adhesive properties match the existing Boeing composites manual design standard 

MDC9/B0330. 

 

 

Material 

 

Ftu 

 

Fty 

 

Fsu 

Strain 

Allowable  

Boron Lamina 185 KSI 185 KSI 14.7 KSI 4340x10-6 in/in 

Adhesive N/A N/A 5.6 KSI 1750x10-6 in/in 

The aluminum skin is 2024-T3 clad sheet and material properties are from Mil-handbook 5G 

section 3.2.3. 

 

Material Ftu (LT) Fty (LT) Fsu 

2024-T3 Bare Sheet 63 KSI 42 KSI 39 KSI 

2024-T3 Clad Sheet 61 KSI 40 KSI 38 KSI 

 Where Ftu = tension ultimate stress, Fty = tension yield stress, and Fsu = shear ultimate stress 

 

Table 4:  Boron-Epoxy and Aluminum Material Properties Used in the 

Composite Doubler Design Analysis 

 

 

 2.2.3  Stress Analysis Results 

 

The maximum stresses produced in the composite doubler, adhesive layer, and surrounding skin 

during the worst case DC-10/MD-11 stress spectrum was as follows: 

 

Design for 1” Diameter Repair 

• Maximum Stress in Aluminum Skin 

σ1 = 41.9 KSI  (σyield = 47-50 KSI) 

σ2 = -8 KSI 

τmax = 22 KSI (τallowable = 39 KSI) 

 

• Margin of Safety in Aluminum Skin 

Tension: 

46.01
41900

61000
1

F
.S.M

1

tu +=−=−
σ

=  

 

Shear: 

73.01
22000

38000
1

F
.S.M

max

su +=−=−
τ

=  

 

• Maximum Stress in Adhesive 

τZX = 4.8 KSI (τallowable = 5.6 KSI) 

τZY = 5 KSI (τallowable = 5.6 KSI) 
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• Margin of Safety in Adhesive 

12.01
5000

5600
1

F
.S.M

max

su +=−=−
τ

=  

 

• Maximum Stress in Composite Doubler – Based on maximum strain failure 

criteria, the laminate critical load is determined from the transverse ply strain (εz) 
in the – 45o ply at the second tapered step up from the patch edge (base).  The 

Margin of Safety is calculated based on the largest strain value found in the FEM. 

 

 

16.01
3735

4340
1

)ply45inlocationCritical(

)Allowable(
.S.M

o

2

2 +=−=−
−ε

ε
=  

 

 

• Contour Plots for the Limiting Transverse Strain – The stress magnitudes 

summarized above are shown in Figures 12 and 13. 

 

 

 
 

Figure 12:  Shear Stress ττττZX in Composite Doubler for 1” Diameter Repair Design and  

Worst Case Load Spectrum 
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Figure 13:  Shear Stress ττττZY in Composite Doubler for 1” Diameter Repair Design and  

Worst Case Load Spectrum 

 

Design for 3” Diameter Repair 

• Maximum Stress in Aluminum Skin 

σ1 = 44.2 KSI  (σyield = 47-50 KSI) 

σ2 = -1.6 KSI 

τmax = 22.4 KSI (τallowable = 39 KSI) 

 

• Margin of Safety in Aluminum Skin 

Tension: 

38.01
44200

61000
1

F
.S.M

1

tu +=−=−
σ

=  

 

Shear: 

70.01
22400

38000
1

F
.S.M

max

su +=−=−
τ

=  

 

• Maximum Stress in Adhesive 

τZX = component has lower magnitude and is less critical than τZY 

τZY = 4.1 KSI (τallowable = 5.6 KSI) 
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• Margin of Safety in Adhesive 

37.01
4100

5600
1

F
.S.M

max

su +=−=−
τ

=  

 

• Maximum Stress in Composite Doubler – Based on maximum strain failure 

criteria, the laminate critical load is determined from the transverse ply strain (εz) 
in the – 45o ply at the second tapered step up from the patch edge (base).  The 

Margin of Safety is calculated based on the largest strain value found in the FEM. 

 

30.01
3340

4340
1

)ply45inlocationCritical(

)Allowable(
.S.M

o

2

2 +=−=−
−ε

ε
=  

 

• Contour plots for the Maximum Principal Stress tensors are shown in Figures 14, 

15 and 16.  The significant effects of the shear loading are evident.  Note that the 

peak doubler stresses are confined to a small region where the doubler has its full 

thickness.  Furthermore, the stresses in the critical tapered region of the doubler 

(primary load transfer zone) are 30% to 50% of those found in the surrounding 

skin.  This type of load transfer matches general design goals for stress 

distribution around aircraft skin repairs (see also load transfer data in section 3.2). 

 

 

 
 

Figure 14:  Maximum Principal Stress Tensor σσσσ1 in Composite Doubler and Aluminum 

Skin for 3” Diameter Repair Design and Worst Case Load Spectrum 
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Figure 15:  Maximum Principal Stress Tensor σσσσ2 in Composite Doubler and Aluminum 

Skin for 3” Diameter Repair Design and Worst Case Load Spectrum 

 

 

 
 

Figure 16:  Maximum Principal Shear Stress Tensor γγγγ12 in Composite Doubler and 

Aluminum Skin for 3” Diameter Repair Design and Worst Case Load Spectrum 
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Design for 5” Diameter Repair 

• Maximum Stress in Aluminum Skin 

σ1 = 44.9 KSI  (σyield = 47-50 KSI) 

τmax = 22.7 KSI (τallowable = 39 KSI) 

 

• Margin of Safety in Aluminum Skin 

Tension: 

36.01
44900

61000
1

F
.S.M

1

tu +=−=−
σ

=  

 

Shear: 

67.01
22700

38000
1

F
.S.M

max

su +=−=−
τ

=  

 

• Maximum Stress in Adhesive 

τZX = component has lower magnitude and is less critical than τZY 

τZY = 4.1 KSI (τallowable = 5.6 KSI) 

 

• Margin of Safety in Adhesive 

37.01
4100

5600
1

F
.S.M

max

su +=−=−
τ

=  

 

• Maximum Stress in Composite Doubler – Based on maximum strain failure 

criteria, the laminate critical load is determined from the transverse ply strain (εz) 
in the – 45o ply at the second tapered step up from the patch edge (base).  The 

Margin of Safety is calculated based on the largest strain value found in the FEM. 

 

16.01
3735

4340
1

)ply45inlocationCritical(

)Allowable(
.S.M

o

2

2 +=−=−
−ε

ε
=  

 

• Contour plots for the Maximum Principal Stress tensors are shown in Figures 17 

and 18.  The significant effects of the shear loading are evident.  Note that the 

peak doubler stresses are confined to a small region where the doubler has its full 

thickness.  Furthermore, the stresses in the critical tapered region of the doubler 

(primary load transfer zone) are 30% to 50% of those found in the surrounding 

skin.  This type of load transfer matches general design goals for stress 

distribution around aircraft skin repairs (see also load transfer data in sections 

3.2). 
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Figure 17:  Maximum Principal Stress  in Composite Doubler and Aluminum Skin for  

5” Diameter Repair Design and Worst Case Load Spectrum 

 

 
 

Figure 18:  Maximum Principal Shear Stress in Composite Doubler and Aluminum Skin 

for 5” Diameter Repair Design and Worst Case Load Spectrum 
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2.3  Damage Tolerance Analysis – Stress Intensity Levels and Crack Growth Mitigation 

 

The damage tolerance analysis studied skin, patch, and adhesive stresses in conjunction with 

potential failure modes.  All of the designs produced acceptable margins of safety when 

subjected to the worst case flight load spectrum.  The stress intensity (KI) for the repaired and 

unrepaired configurations was determined using the CalcuRep program for aircraft repair 

analysis [9, 29].  Table 5 provides a comparison for the three composite patch sizes.  The crack is 

assumed to be initially the same size as the damaged area.  The stress level is 20.68 ksi.   

 
 

 

Patch Size 

4.5" x 3.75" 

 Patch Size 

13" x 9" 

 Patch Size 

21" x 13" 

Crack 

Length 

KI 

Repaired 

KI 

Unrepaired 

 Crack 

Length 

KI 

Repaired 

KI 

Unrepaired 

 Crack 

Length 

KI 

Repaired 

KI 

Unrepaired 

1.0" 9.32 25.94  3.0" 9.06 44.94  5.0" 8.85 58.01 

1.5" 9.32 31.77  3.5" 9.06 48.54  5.5" 8.85 60.84 

2.0" 9.32 36.69  4.0" 9.06 51.89  6.0" 8.85 63.55 

2.5" 9.32 41.02  4.5" 9.06 55.03  6.5" 8.85 66.14 

3.0" 9.32 44.94  5.0" 9.06 58.01  7.0" 8.85 68.64 

    6.0" 9.06 63.55  8.0" 8.85 73.38 

    7.0" 9.06 68.64  9.0" 8.85 77.83 

        10.0" 8.85 82.04 

           

           

Skin:  AL 2024-T3 (t=0.080 inches) 

Thermal Coefficient: 0.0 

 

Table 5: Stress Intensity Factors for Unrepaired Skin and  

Skin Repaired with Composite Doubler 

 

Using Walker's equation, below, with C = 6.76125E-10, p = 3.71980, q = 0.64647 and R = 0.0, 

da are determined for the KI values listed in Table 5.  The da/dN crack growth calculations are 

summarized in Table 6. 

 

 ( )[ ] p

I

q
KRC

dn

da
×−×= 1  (11) 

 

The crack growth analysis with and without the doubler present makes it possible to 

conservatively bound the inspection requirements.  The rate of growth for the repaired 

configuration is significantly smaller than the unrepaired configuration.  The rate of crack growth 

is 45 to 3900 times less.  Crack mitigation is at least equal to the performance of the existing 

metal doubler repairs for these types of damage.  Note that the crack growth mitigation remains 

the same with the doubler in place regardless of the length of the crack beneath the doubler.  The 

design approach uses a typical maintenance rule that since the doubler is less than 2 bays in size, 
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normal maintenance activities are already in place to find any cracks that may originate in this 

area.  The crack growth mitigation listed in Table 6 is shown graphically in Figure 19.  Figure 19 

shows the crack growth curves for the fuselage skin with and without a composite doubler repair 

(initial crack length = 1.0").  The repaired skin exhibits essentially no crack growth in over 8,000 

cycles. 

 
 

Patch Size 

4.5" x 3.75" 

 Patch Size 

13" x 9" 

 Patch Size 

21" x 13" 

Crack 

Length 

da for n=1 

Repaired 

da for n=1 

Unrepaired 

 Crack 

Length 

da for n=1 

Repaired 

da for n=1 

Unrepaired 

 Crack 

Length 

da for n=1 

Repaired 

da for n=1 

Unrepaired 

1.0" 2.729e-6 123.122e-6  3.0" 2.457e-6 949.492e-6  5.0" 2.251e-6 2454.00e-6 

1.5" 2.729e-6 261.355e-6  3.5" 2.457e-6 1265.00e-6  5.5" 2.251e-6 2930.00e-6 

2.0" 2.729e-6 446.510e-6  4.0" 2.457e-6 1621.00e-6  6.0" 2.251e-6 3446.00e-6 

2.5" 2.729e-6 676.158e-6  4.5" 2.457e-6 2017.00e-6  6.5" 2.251e-6 3998.00e-6 

3.0" 2.729e-6 949.492e-6  5.0" 2.457e-6 2454.00e-6  7.0" 2.251e-6 4589.00e-6 

    6.0" 2.457e-6 3446.00e-6  8.0" 2.251e-6 5883.00e-6 

    7.0" 2.457e-6 4589.00e-6  9.0" 2.251e-6 7323.00e-6 

        10.0" 2.251e-6 8909.00e-6 

           

           

a = crack length 

n = number of fatigue cycles 

Skin:  AL 2024-T3 (t=0.080 inches) 

 

Table 6: Crack Growth Parameters for Unrepaired Skin and  

Skin Repaired with Composite Doubler 

 

 

The concern is not whether the crack will grow but whether the adhesive bond stays intact.  The 

inspection interval of every "C-check" is adequate to monitor the condition of the adhesive bond.  

Damage tolerance analyses and comprehensive testing has shown that disbond and delamination 

flaws experience almost zero growth under normal operating environments [1, 13].  Thus, the 

inspection requirements set forth in this program are conservative . 

 

Overall Results for DC-10/MD11 Doubler Analysis – Results from analyses and tests validated 

the three DC-10/MD-11 skin repair designs.  The results show that the doubler and adhesive 

exhibit sufficient strength to provide adequate fatigue enhancement through a wide range of 

environmental conditions.  A crack growth analysis shows that the doubler increases the safety 

limit of the structure by a factor of 45.  The doublers provide acceptable safety factors and the 

strain levels throughout the doublers and in the surrounding skin area are below the allowable 

levels.  Finally, the analyses and test results indicate that an inspection interval of 4,500 flights 

(every “C”, “D”, or heavy maintenance check) is sufficient to provide more than one opportunity 

to find the necessary doubler installation flaws. 
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Figure 19: DC-10 Fuselage Crack Growth With and Without a 

Composite Doubler Repair  

 

 

2.4  Structural Mechanics Tests to Assess Damage Tolerance and Crack Mitigation 

 

 2.4.1  Fatigue and Ultimate Strength 

 

A series of fatigue and strength tests were conducted to study the damage tolerance of Boron-

Epoxy composite doublers.  Tension-tension fatigue and ultimate strength tests attempted to 

grow engineered flaws in coupons with composite doublers bonded to aluminum skin.  An array 

of design parameters, including various flaw scenarios, the effects of surface impact, and other 

“off-design” conditions, were studied.  A typical coupon configuration with large, engineered 

flaws is shown in Figure 20.  Figure 21 shows the fatigue specimen mounted in the mechanical 

test machine.  The structural tests were used to: 1) assess the potential for interply delaminations 

and disbonds between the aluminum and the laminate, and 2) determine the load transfer and 

crack mitigation capabilities of composite doublers in the presence of severe defects.  A series of 

specimens were subjected to ultimate tension tests in order to determine strength values and 

failure modes.  This test program demonstrated the damage tolerance capabilities of bonded 

composite doublers.  The fatigue and strength tests quantified the structural response and crack 

abatement capabilities of Boron-Epoxy doublers in the presence of worst case flaw scenarios.  

The engineered flaws included cracks in the parent material, disbonds in the adhesive layer, and 

impact damage to the composite laminate.  Environmental conditions representing temperature 

and humidity exposure were also included in the coupon tests. 

 

It was demonstrated that even in the presence of extensive damage in the original structure 

(cracks, material loss) and in spite of non-optimum installations (adhesive disbonds), the 

composite doubler allowed the structure to survive more than 144,000 cycles of fatigue loading.  

Installation flaws in the composite laminate did not propagate over 216,000 fatigue cycles.  
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Furthermore, the added impediments of impact - severe enough to deform the parent aluminum 

skin - and hot-wet exposure did not affect the doubler’s performance.  Since the tests were 

conducting using extreme combinations of flaw scenarios (sizes and collocation) and excessive 

fatigue load spectrums, the performance parameters were arrived at in a conservative manner.   
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Figure 20: Composite Doubler Coupon for Damage Tolerance Fatigue Testing 
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Figure 21:  View of Composite Doubler Specimen Mounted in Machine for 

Damage Tolerance Tests 

 

 

 2.4.2  General Applicability of Results 

 

The objective of this damage tolerance testing was to obtain a generic assessment of the ability of 

Boron-Epoxy doublers to reinforce and repair cracked aluminum structure [1].  By designing the 

specimens using the nondimensional stiffness ratio, it is possible to apply these results to various 

parent structure and composite laminate combinations.  The nondimensional stiffness ratio 

parameter is used as the basis for applying the damage tolerance performance of composite 

doublers to the full spectrum of skin repair applications.  This ratio compares the stiffness 

parameters, Ext, of the composite laminate and the parent aluminum plate and is written as: 

 

 R =  (Ex tlaminate)BE / (Ex t)Al (12) 

 

The number of plies and fiber orientations determine the extensional stiffness value for the 

Boron-Epoxy laminate.  This test series utilized specimens with stiffness ratios of 1.2 and 1.3.  

The DC-10/MD-11 doubler designs have a stiffness ratio of 1.2.  Independent studies by 

Lockheed, Boeing, and the military have all concluded that optimum doubler performance can be 

achieved with stiffness ratios of 1.1 to 1.4.  Finally, it should be noted that all test specimens 

utilized a symmetrical 13 ply doubler similar to the family of DC-10/MD-11 designs.  Thus, 

these performance results are directly applicable to the DC-10/MD-11 repairs. 
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 2.4.3  Damage Tolerance Assessment in Light of Inspection Sensitivity 

 

Figure 22 plots strain values at various locations around the composite doubler installation.  

Large strains found immediately adjacent to the doubler flaws emphasize the fact that relatively 

large disbond or delamination flaws (up to 1” diameter) in the composite doubler have only 

localized effects on strain and minimal effect on the overall doubler performance (i.e. undesirable 

strain relief over disbond but favorable load transfer immediately next to disbond).  This 

statement is made relative to the inspection requirement which will result in the detection of 

disbonds/delaminations of 0.5” diameter or greater.  Obviously, disbonds will affect the 

capabilities of composite doublers once they exceed some percentage of the doubler’s total 

footprint area.  The point at which disbonds become detrimental depends upon the size and 

location of the disbond and the strain field around the doubler.  This study used flaws that were 

twice as large as the detectable limit to demonstrate the ability of composite doublers to tolerate 

extreme damage. 
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Figure 22:  Typical Axial Strain Field in Aluminum and 

Composite Doubler  
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Similarly, the crack mitigation capabilities of Boron-Epoxy doublers were evaluated using large 

cracks which exceeded the inspection threshold.  The damage tolerance tests presented in this 

document looked at crack growth beneath doublers of up to 3”.  The doublers were able to 

mitigate the crack growth by a factor of 20 versus the unrepaired aluminum.  Test results showed 

that it would take two to three aircraft fatigue lifetimes (72,000 - 108,000 cycles) for a crack to 

propagate 1” beneath a reinforcing composite doubler.  Finally, these tests showed that Boron-

Epoxy composite doublers are able to achieve this performance level (i.e. reinforce and mitigate 

crack growth) even in the presence of extreme worst-case flaw scenarios.  This demonstrates the 

exceptional damage tolerance of properly bonded Boron-Epoxy doublers. 

 

 2.4.4  Fatigue Tests: Flawed Specimens 

 

The composite doublers produced significant crack growth mitigation when subjected to 

simulated pressure tension stress cycles.  Even specimens with unabated fatigue cracks and co-

located disbonds and impact damage were able to survive 144,000 fatigue cycles without 

specimen failure (less than 2” crack growth).  During the course of fatigue cycling, all crack 

growth occurred in the aluminum plates.  No fractures were found in any of the composite 

laminates.  Comparisons with control specimens which did not have composite doubler 

reinforcement showed that the fatigue lifetime was extended by a factor of 20.  Compare this 

number with the damage tolerance analysis results (Section 2.3) which determined fatigue life 

extension factors of 45 and greater.  Both analysis and testing reveal that the application of NDI 

every 4,000 – 5,000 cycles is quite conservative.  Crack growth (mitigation) data from the 

damage tolerance fatigue tests are shown graphically in Figure 23 and 24. 

 

 2.4.5  Fatigue Tests: Baseline (Unflawed) Specimens 

 

The best basis of comparison for the performance characteristics discussed above was provided 

by specimens with normal installation and no flaws.  These unflawed specimens showed that 

crack growth and disbonds/delaminations could be eliminated for at least 216,000 fatigue cycles 

(6 design lifetimes with zero flaw growth).  Results from these specimens (0 crack growth) are 

shown in Figures 23 and 24.  Configurations BE-5 and BER-7 are unflawed specimens. 

 

 2.4.6  Effects of Impact on Composite Doubler Performance 

 

Following the composite doubler installation and prior to environmental conditioning, impact 

damage was imparted to many of the damage tolerance test specimens.  The locations for impact 

damage were selected to induce the most adverse effect on crack growth mitigation and/or the 

ability of the doubler to transfer load.  Impact sites were directly over the aluminum crack and 

along the edge of the doubler.  The impact was performed with a 1 inch diameter steel 

hemisphere tip.  A guide tube, lined with Teflon film, was used to direct the path of the impact 

mass.  The specimens were fully supported by plates on the front and back side.  The plates had 

appropriate window cut-outs to apply the impact damage.  The magnitude of the impact was 25 + 

0.5 ft-lb (300 + 5 in-lb).  The impact damage was applied as per NASA specifications.  This 

impact level was sufficient to produce 5/8” depth dents in the parent aluminum skin.   
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Following impact, the specimens were inspected ultrasonically to determine the extent of the 

resulting damage.  The resulting flaw map (location, geometry, and depth) was recorded and the 

damage locations were marked directly on the specimens.  In spite of the large skin deformations 

associated with the impact, most of the impact sites showed no sign of interply delamination or 

laminate-to-skin disbonds.  Slight effects from the impact were observed in areas where the 

impact was applied directly over an engineered disbond.  In these cases, the impact produced a 

small growth in the flaw.  Some of the one inch diameter implanted disbonds, for example, 

became 1.25” in diameter.  However, the key result from the impact tests was that there was no 

propagation of flaws from the impact areas.  Before and after NDI tests revealed that the 

specimen profile was exactly the same before and after 144,000 to 180,000 cycles.  Furthermore, 

separate NDI testing validated the ability of ultrasonics to detect and track damage stemming 

from impact. 
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Figure 23:  Fatigue Crack Growth in 2024-T3 Plates With and Without  

Reinforcing Composite Doublers  

(Configurations BE-1 to BE-6 Represent Variations on Flaw Scenarios) 
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Figure 24:  Fatigue Crack Growth in 2024-T3 Plates With and Without 

Reinforcing Composite Doublers  

(Configurations BE-5 to BE-9 Represent Variations on Severe Flaw Scenarios) 

 

 

 2.4.7  Adhesive Disbonds 

 

The fatigue specimens contained engineered disbonds of 3 to 4 times the size detectable by the 

doubler inspection technique [14, 16-17].  Despite the fact that the disbonds were placed above 

fatigue cracks and in critical load transfer areas, it was observed that there was no growth in the 

disbonds over 144,000 to 216,000 fatigue cycles (four to six aircraft lifetimes).  In addition, it 

was demonstrated that the large disbonds, representing almost 30% of the axial load transfer 

perimeter, did not decrease the overall composite doubler performance. 

 

2.4.8  Stress/Strain Fields 

 

The maximum doubler strains are found in the load transfer region around the perimeter (taper 

region) of the doubler.  In all nine doubler flaw configurations, the strains monitored in this area 

were 45% - 55% of the total strain in the aluminum plate.  This value remained constant over 

four fatigue lifetimes indicating that there was no deterioration in the bond strength.  In each of 
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the fatigue specimens, the vast majority of the strain field remained unchanged over the course of 

the fatigue tests.  For example, Figure 25 shows that the strains in the BE-7 configuration were 

undisturbed by 144,000 fatigue cycles.    
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Figure 25:  Strain Field in Configuration BE-7 Remains  Unchanged Over 144,000 Fatigue 

Cycles - No Flaw Growth in Doubler Installation 

 

 

During crack propagation, the stresses in the doubler increased to pick up the loads released by 

the plate.  Data acquired during failure tests showed that the composite doubler was able to 

transmit stresses in the plastic regime and that extensive yielding of the aluminum was required 

to fail the installation.  Also, stress risers, normally observed around flaws, were eliminated by 

the doubler (see Section 3.0). 

 

 2.4.9  Ultimate/Residual Strength 

 

Post-fatigue load-to-failure tests produced residual strength values for the composite-aluminum 

specimens.  Table 7 lists the ultimate tensile strength values obtained in this test series and the 

average values are summarized below.  Duplicate tests on similar specimens showed that the 

results were repeatable.  The maximum scatter within a single specimen configuration was 1.9%. 

The maximum scatter across all of the ultimate strength results was 7.0%.  Even the existence of 

disbonds and fatigue cracks did not prevent the doubler-reinforced-plates from achieving static 

ultimate tensile strengths in excess of the 70 ksi Mil handbook listing for 2024-T3 material.  This 
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demonstrated the ability of a Boron-Epoxy composite doubler to return a damaged aluminum 

structure to its original load carrying capacity. 

 

 Test Specimen Avg. Ult. Strength 
1. Plain 2024-T3 (unreinforced) 72.3 ksi  

2. Unflawed composite doubler installation 70.5 ksi 

3. Impact/disbond doublers over a stop-drilled crack 75.4 ksi 

4. Multiple impact/disbond flaws over an unabated crack` 72.4 ksi 

 
[Mil handbook ultimate strength value for 2024-T3 material = 70 ksi] 

 

 

Specimen 

Configuration

Specimen 

Number 

  

Flaw Summary 

Ultimate Tensile 

Strength (psi) ⊕⊕⊕⊕ 

BE-6 6A * No composite doubler 72,570 

BE-6 7A * No composite doubler 72,060 

BE-7 9 ∆ Unflawed doubler 

installation 

70,530 

BE-8 10 Impact/disbond doubler 

over a stop-drilled crack 

75,490 

BE-8 11 Impact/disbond doubler 

over a stop-drilled crack 

75,480 

BE-8 12 Impact/disbond doubler 

over a stop-drilled crack 

75,310 

BE-9 16 Multiple impact/disbond 

flaws 

over an unabated crack 

72,450 

BE-9 17 Multiple impact/disbond 

flaws 

over an unabated crack 

73,010 

BE-9 18 Multiple impact/disbond 

flaws 

over an unabated crack 

71,680 

  ⊕⊕⊕⊕  Mil-Hndbk-5 Value for 2024-T3 Aluminum = 70,000 psi 

  *  Non-fatigued aluminum coupons without composite doubler 

       ∆  Post-fatigue test but specimen was still unflawed 

 

Table 7:  Results from Ultimate Tensile Strength Failure Tests 

 

 

 2.4.10  Overall Evaluation of Bonded Boron-Epoxy Composite Doublers: Crack 

Mitigation and Damage Tolerance 

 

By combining the ultimate strength results with the crack mitigation results, it is possible to truly 

assess the capabilities and damage tolerance of bonded Boron-Epoxy composite doublers.  In this 

test series, relatively severe installation flaws were engineered into the test specimens in order to 



 

 55 

evaluate Boron-Epoxy doubler performance under worst case, off-design conditions.  The 

engineered flaws were at least two times larger than those that can be detected by NDI.  It was 

demonstrated that even in the presence of extensive damage in the original structure (cracks, 

material loss) and in spite of non-optimum installations (adhesive disbonds), the composite 

doubler allowed the structure to survive more than four design lifetimes of fatigue loading.  

Installation flaws in the composite laminate did not propagate over 216,000 fatigue cycles.  

Furthermore, the added impediments of impact (severe enough to deform the parent aluminum 

skin) and hot-wet exposure did not affect the doubler’s performance [1].  Since the tests were 

conducting using extreme combinations of flaw scenarios (sizes and collocation) and excessive 

fatigue load spectrums, the performance parameters presented here were arrived at in a 

conservative manner. 
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3.0 VALIDATION OF COMPOSITE DOUBLER REPAIR DESIGN 
 

3.1  Design of Experiment 

 

Goal - to validate the following aspects of the DC-10/MD-11 composite doubler repair initiative: 

1) repair design, 2) repair analysis approach – stress analysis and damage tolerance, 3) finite 

element analysis models, and 4) nondestructive inspection procedures. 

 

Specimens – 1) one corrosion flaw with the maximum allowable material removal (50% 

thinning), and 2) one impact damage flaw with the extreme out-of-plane deformation of 3/8”. 

 

Test Approach – 1) start with the DC-10/MD-11 fuselage pressurization stress spectrum in 

tension-tension testing (0-10 KSI) and magnify to a 70% overtest by applying a 0-17 KSI tension 

load spectrum, 2) conservatively test each specimen for up to 4 lifetimes of DC-10 aircraft 

(160,000 cycles), 3) measure static strain fields at different stages of fatigue testing – assess 

changes in stress field and associated performance of composite doubler, 4) apply ultrasonic 

resonance (Bondmaster) NDI to each test specimen after 40,000, 80,000, 120,000, and 160,000 

cycles, and 5) follow fatigue tests with a static ultimate test (residual strength) to determine 

design margins and performance of composite doubler when the parent material yields (plastic 

strain regime). 

 

Test Description – Figures 26 and 27 show the two design validation test articles for the extreme 

skin corrosion and impact damage conditions that were used to assess the doubler design and 

analysis methodology.  Figures 28 and 29 show the associated strain gage layouts.  The 

specimens contain representative, yet upper extreme flaws and the composite doubler designed 

for the DC-10 aircraft repairs.  The test approach utilized a magnified load spectrum and fatigue 

cycles equal to four design lifetimes of the DC-10 for validation (DC-10 design lifetime = 40,000 

cycles; MD-11 design lifetime = 36,000 cycles).  The test-certified model was then able to assess 

the doubler using more complex stress fields and boundary conditions (See Section 2.0).  The 

tests included static, fatigue, and ultimate/residual strength tests.  The ultrasonic inspection 

technique was interjected throughout the fatigue tests to continue sensitivity assessments (see 

item Section 5.0 for additional NDI discussions).  Figures 30 and 31 show the DC-10-F1 

(corrosion flaw) and DC-10-F2 (impact flaw) design validation test articles undergoing fatigue 

and strength testing. 
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Figure 26: Design and NDI Validation Test Specimen for Family of  

DC-10 Composite Doubler Skin Repairs 

(Corrosion Skin Flaw) 
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Figure 27: Design and NDI Validation Test Specimen for Family of  

DC-10 Composite Doubler Skin Repairs 

(Impact Damage Skin Flaw) 
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Figure 28: Strain Gage Layout for One Inch Flaw Repair Design Validation Test 
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Figure 29: Strain Gage Layout for Three Inch Flaw Repair Design Validation Test 
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(a) Test Panel Mounted in Machine Grips 

 

 
 

(b) Close-Up View of Doubler and Strain Gages 

 

Figure 30:  Set-Up for DC-10-F1 Composite Doubler Validation Test 

(Repair of 1” diameter flaws – 50% material thinning flaw) 
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(a) Test Panel Mounted in Machine Grips 

 

 
 

(b) Close-Up View of Doubler and Strain Gages 

 

Figure 31:  Set-Up for DC-10-F2 Composite Doubler Validation Test 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 

 

Output from Design Validation Tests - 1) demonstration of gouge/dent/corrosion repair 

installation, 2) comparison of stresses and strains with model, 3) assessment of post-repair 

fatigue life, 4) determination of ultimate strength of repair, and 5) validation of inspection 
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techniques under in-service conditions.  Figures 28 and 29 show the strain gage layouts that were 

used to monitor: 1) the load transfer into the composite doublers and, 2) the strain field 

throughout the composite laminate and aluminum plate.  The stress, strain, and load transfer 

values presented in this section quantify the doubler performance characteristics.  They provide 

additional insights into the doubler’s ability to resist crack initiation and mitigate crack growth. 

 

3.2  Results from Specimen DC-10-F1 Design Validation Tests 

 

 3.2.1  Strain Field Assessment 
 

In general, it was observed that all strain responses from the simulated fuselage pressurization 

loads were linear  (see Figures 32-35).  No residual strains were noted when the specimens were 

unloaded.  Subsequent failure tests (see Section 3.2.4 below) showed that the strains induced by 

the fatigue load spectrum were well inside the linear elastic regime for the 2024-T3 aluminum 

and Boron-Epoxy composite materials.  The strains monitored in the load transfer (tapered) 

region around the perimeter of the doubler were approximately 40%-50% of the total strain in the 

aluminum plate.  This value remained constant over four fatigue lifetimes indicating that there 

was no deterioration in the bond strength.  The strain in the aluminum plate beneath the doubler 

was reduced in accordance with the strain picked up by the composite doubler. 
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Figure 32:  Axial Strain Field in Aluminum and Composite for DC-10-F1 Design 

(Repair of 1” diameter flaws – 50% material thinning flaw) 



 

 65 

 

0

500

1000

1500

2000

2500

3000

0 5000 10000 15000 20000 25000

Chan 24

Chan 28

Chan 26

Chan 22

Chan 18

Chan 14

M
ic
ro
s
tr
a
in

Load (lbs)

Uniform Strain Field
in Aluminum Plate

Doubler Strain at Load
Transfer Region

Strain at Center of Doubler

160,000 Fatigue Cycles

Aluminum Strain 
at Flaw

 
 

Figure 33:  Axial Strain Field in Aluminum and Composite for DC-10-F1 Design 

(Repair of 1” diameter flaws – 50% material thinning flaw) 
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Figure 34:  Lateral Strain Field in Aluminum and Composite for DC-10-F1 Design 

(Repair of 1” diameter flaws – 50% material thinning flaw) 
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Figure 35:  Axial Strain Field Along Midline of Doubler Installation for DC-10-F1 Design 

(Repair of 1” diameter flaws – 50% material thinning flaw) 

 

 

 

 3.2.2  Load Transfer (Doubler Efficiency) 
 

Plots of percent load transfer were obtained by calculating the ratio between doubler strains and 

strains in corresponding portions of the aluminum parent skin.  Figures 36 and 37 show the 

resulting load transfer plots for various doubler and aluminum reference channels {εdoubler / 

εalum(ref)}.  In the tapered portion of the doubler, the load transfer was consistently in the 40 - 60 

% range.  In the center, where the doubler reaches its maximum thickness of 13 plies, the load 

transfer was in the 30 - 50% range. Furthermore, these load transfer values remained constant 

over four fatigue lifetimes.  This indicates that there was no deterioration in the bond strength. 
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Figure 36:  Load Transfer into Doubler for DC-10-F1 Validation Specimen 
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Figure 37:  Aluminum-to-Composite Strain Ratios at Midplane of DC-10-F1 Doubler 
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3.2.3  Effect of Multiple Fatigue Lifetimes on Strain Fields (Patch Performance) 
 

The strain fields remained unchanged over the course of the fatigue tests.  Note how the 0 fatigue 

cycles and 160,000 fatigue cycle plots lie on top of each other in Figures 38-41.  The exact match 

in strain levels before and after 160,000 fatigue cycles indicates that there was no deterioration in 

the bond strength.  Nondestructive inspections of the test article (see Section 3.4) further 

quantified these results. 
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Figure 38:  Strain Comparisons in DC-10-F1 Doubler - 

Before and After Fatigue Testing  
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Figure 39:  Strain Comparisons in DC-10-F1 Doubler - 

Before and After Fatigue Testing  
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Figure 40:  Strain Comparisons in DC-10-F1 Doubler - 

Before and After Fatigue Testing  
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Figure 41:  Strain Comparisons in Aluminum Skin Around DC-10-F1 Doubler - 

Before and After Fatigue Testing  

 

 

 3.2.4  Ultimate Strength Results 
 

The DC-10-F1 design validation test specimen was subjected to ultimate tensile strength tests 

following the 160,000 cycles of fatigue loading.  The uniaxial load was uniformly increased until 

the specimen failed.  Failure was defined as the point at which the structure could no longer 

sustain an increasing load.   

 

Figures 42-45 shows the strain field in specimen DC-10-F1 up through failure.  The open shapes 

represent strains in the aluminum plate and the solid shapes plot the strains measured in the 

composite doubler.  The aluminum plate away from the doubler (channels 4, 24, 25) began to 

yield at approximately 44,000 lbs. (45.8 ksi) while the doubler continued to increase its load in a 

linear fashion.  The load was linearly increased until failure of the aluminum plate occurred at 

53,500 lbs (55.7 ksi) and the specimen could no longer sustain an increasing load.  This failure 

load does not represent the ultimate strength value for the specimen because the failure 

originated at the holes used to grip the specimen (see hole pattern in Fig. 26).  It is often difficult 

to reach full ultimate failure load levels in specimens of this size because of the inherent 

weakness of the structure at the load application point.  However, the ultimate strength tests were 

successful in loading the DC-10-F1 specimen into the plastic regime (past yielding). 
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The aluminum began its nonlinear response at the yield point indicated in Figs. 42-45.  Similarly, 

the composite doubler showed a slightly nonlinear behavior at this same load level.  But the 

Boron-Epoxy laminate did not yield.  The material properties for Boron-Epoxy indicate a yield 

stress of 185 ksi.  Further, after specimen failure, the strain gages on the doubler returned to zero 

indicating that the doubler did not undergo any permanent deformation.  Thus, the nonlinear 

response in the doubler strain gages shows that the doubler is absorbing more strain and 

mirroring the response of the parent aluminum skin.  Figures 42-45 illustrate that the adhesive is 

able to transmit stresses in the plastic regime and that loading beyond the initial yield level is 

required to fail the repair installation. 
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Figure 42:  Axial Strain Field During Ultimate Failure Test of DC-10-F1 Design 

(Repair of 1” diameter flaws – 50% material thinning flaw) 
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Figure 43:  Axial Strain Field During Ultimate Failure Test of DC-10-F1 Design 

(Repair of 1” diameter flaws – 50% material thinning flaw) 
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Figure 44:  Lateral Strain Field During Ultimate Failure Test of DC-10-F1 Design 

(Repair of 1” diameter flaws – 50% material thinning flaw) 
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Figure 45:  Axial Strain Field Along Midline of Doubler Installation During Ultimate 

Failure Test of DC-10-F1 Design 

(Repair of 1” diameter flaws – 50% material thinning flaw) 

 

 

3.3  Results from Specimen DC-10-F2 Design Validation Tests 

 

3.3.1  Strain Field Assessment 
 

In general, it was observed that all strain responses from the simulated fuselage pressurization 

loads were linear  (see Figures 46-49).  No residual strains were noted when the specimens were 

unloaded.  Subsequent failure tests (see Section 3.3.4 below) showed that the strains induced by 

the fatigue load spectrum were well inside the linear elastic regime for the 2024-T3 aluminum 

and Boron-Epoxy composite materials.  The strains monitored in the load transfer (tapered) 

region around the perimeter of the doubler were approximately 40%-50% of the total strain in the 

aluminum plate.  This value remained constant over four fatigue lifetimes indicating that there 

was no deterioration in the bond strength.  The strain in the aluminum plate beneath the doubler 

is reduced in accordance with the strain picked up by the composite doubler. 
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Figure 46:  Axial Strain Field in Aluminum and Composite for DC-10-F2 Design 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 
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Figure 47:  Axial Strain Field in Aluminum and Composite for DC-10-F2 Design 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 
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Figure 48:  Lateral Strain Field in Aluminum and Composite for DC-10-F2 Design 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 
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Figure 49:  Axial Strain Field Along Midline of Doubler Installation for DC-10-F2 Design 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 
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 3.3.2  Load Transfer (Doubler Efficiency) 
 

Plots of percent load transfer were obtained by calculating the ratio between doubler strains and 

strains in corresponding portions of the aluminum parent skin.  Figures 50 -51 show the resulting 

load transfer plots for various doubler and aluminum reference channels {εdoubler / εalum(ref)}.  In 

the tapered portion of the doubler, the load transfer was consistently in the 30 - 50% range.  In 

the center, where the doubler reaches its maximum thickness of 13 plies, the load transfer was in 

the 40 - 60% range. Furthermore, these load transfer values remained constant over four fatigue 

lifetimes.  This indicates that there was no deterioration in the bond strength.  Figure 52 shows a 

comparison of strains in the doubler to strains in the aluminum plate at a common location 

(stains in aluminum are beneath doubler).  The lower curve, showing a 1:1 strain ratio, shows 

that the aluminum and doubler share the load equally in the full thickness region adjacent to the 

corrosion flaw.  In the full thickness region directly over the flaw, the doubler absorbs much 

more of the load (doubler strains are 4.5 times the aluminum strain beneath).  This is important 

since the goal is to relieve the plate strains in the vicinity of the flaw. 
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Figure 50:  Load Transfer into Doubler for DC-10-F2 Validation Specimen 
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Figure 51:  Load Transfer into Doubler at Midplane of DC-10-F2 Doubler 
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Figure 52:  Composite-to-Aluminum Strain Ratios on DC-10-F2 Doubler 
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 3.3.3  Effect of Multiple Fatigue Lifetimes on Strain Fields (Patch Performance) 
 

The strain fields remained unchanged over the course of the fatigue tests.  Note how the 0 fatigue 

cycles and 160,000 fatigue cycle plots lie on top of each other in Figures 53-55.  The exact match 

in strain levels before and after 160,000 fatigue cycles indicates that there was no deterioration in 

the bond strength.  Nondestructive inspections of the test article (see Section 3.4) further quantify 

these results. 
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Figure 53:  Strain Comparisons in DC-10-F2 Doubler - 

Before and After Fatigue Testing  
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Figure 54:  Strain Comparisons in DC-10-F2 Doubler - 

Before and After Fatigue Testing  

 

0

500

1000

1500

2000

2500

3000

3500

0 5000 10000 15000 20000 25000 30000 35000

Chan 34 (0 Cycles)

Chan 34 (160k cycles)

Chan 40 (0 Cycles)

Chan 40 (160k cycles)

Chan 54 (0 Cycles)

Chan 54 (160k cycles)

Chan 56 (0 Cycles)

Chan 56 (160k cycles)

M
ic
ro
s
tr
a
in

Load (lbs)

Alum. Skin Beneath
Full Thickness

Regions of Doubler

Aluminum Skin
Beside Doubler

Aluminum Skin Away from Doubler

 
 

Figure 55:  Strain Comparisons in Aluminum Skin Around DC-10-F2 Doubler - 

Before and After Fatigue Testing  
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 3.3.4  Ultimate Strength Results 
 

The DC-10-F2 design validation test specimen was subjected to ultimate tensile strength tests 

following the 160,000 cycles of fatigue loading.  The uniaxial load was uniformly increased until 

the specimen failed.  Failure was defined as the point at which the structure could no longer 

sustain an increasing load.   

 

Figures 56-59 shows the strain field in specimen DC-10-F2 up through failure.  The aluminum 

plate away from the doubler (channels 33, 34) began to yield at approximately 54,500 lbs. (45.4 

ksi) while the doubler continued to increase its load in a linear fashion.  The load was linearly 

increased until failure of the aluminum plate occurred at 64,220 lbs (53.5 ksi) and the specimen 

could no longer sustain an increasing load.  This failure load does not represent the ultimate 

strength value for the specimen because the failure originated at the holes used to grip the 

specimen (see hole pattern in Fig. 27).  It is often difficult to reach full ultimate failure load 

levels in specimens of this size because of the inherent weakness of the structure at the load 

application point.  However, the ultimate strength tests were successful in loading the DC-10-F2 

specimen into the plastic regime (past yielding). 

 

The aluminum began its nonlinear response at the yield point indicated in Figs. 56-59.  Similarly, 

the composite doubler showed a slightly nonlinear behavior at this same load level.  But the 

Boron-Epoxy laminate did not yield.  The material properties for Boron-Epoxy indicate a yield 

stress of 185 ksi.  Further, after specimen failure, the strain gages on the doubler returned to zero 

indicating that the doubler did not undergo any permanent deformation.  Thus, the nonlinear 

response in the doubler strain gages shows that the doubler is absorbing more strain and 

mirroring the response of the parent aluminum skin.  Figures 56-59 illustrate that the adhesive is 

able to transmit stresses in the plastic regime and that loading beyond the initial yield level is 

required to fail the repair installation. 
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Figure 56:  Axial Strain Field During Ultimate Failure Test of DC-10-F2 Design 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 
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Figure 57:  Axial Strain Field During Ultimate Failure Test of DC-10-F2 Design 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 
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Figure 58:  Lateral Strain Field During Ultimate Failure Test of DC-10-F2 Design 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 
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Figure 59:  Axial Strain Field Along Midline of Doubler Panel During 

Ultimate Failure Test of DC-10-F2 Design 

(Repair of 3” diameter flaws – 3/8” depth impact damage) 
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3.4  Inspection of Specimens Before and After Fatigue Tests 

 

These repair design validation tests assessed the potential for loss-of-adhesion flaws (disbonds 

and delaminations) to initiate and grow in the composite doubler installation.  Disbonds can 

occur between the composite doubler and the aluminum skin while delaminations can develop 

between adjacent plies of Boron-Epoxy material.   

 

Each of the design validation test specimens was inspected using a C-scan, through-transmission 

ultrasonic (TTU) inspections.  C-scan technology uses information from single point A-scan 

waveforms to produce an area mapping of the inspection surface.  The two-dimensional images 

are produced by digitizing point-by-point signal variations of an interrogating sensor while it is 

scanned over a surface [14, 17].  The TTU inspections were conducted in an immersion tank and 

represent the most accurate and sensitive form of nondestructive inspection for this type of 

structure.  It is not fieldable for most aircraft applications but it served as the optimum reference 

for the hand-held ultrasonic pulse-echo technique.  The pulse-echo ultrasonic (P-E UT) technique 

was applied to the test specimens while in the fatigue test machine and is the technique that was 

used in the field to monitor the aircraft installations.  Comparisons between the TTU and P-E UT 

inspections showed excellent agreement and further validated the use of P-E ultrasonics for 

inspecting composite doublers in the field  (see Section 6.0). 

 

Figures 60 and 61 show C-scan images generated by the TTU inspection of specimens DC-10-F1 

and DC-10-F2.  Signal variations corresponding to disbonds and delaminations, as well as other 

anomalies in the parent material, are represented by dark black areas on the images.  The four C-

scan images in Figs. 60 and 61 compare the specimen flaw profiles before and after the fatigue 

and ultimate strength testing.  Side-by-side comparisons of the specimens show that the original 

engineered flaws, which were detected prior to testing, remained unchanged even after multiple 

fatigue lifetimes and loads that exceeded the yield strength of the aluminum skin.  More 

importantly, the scans show that no new disbond or delamination flaws were produced by the 

fatigue overtest of four aircraft lifetimes. 
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DC-10-F1 Doubler Before Fatigue Test

DC-10-F1 Doubler After Fatigue Test 
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Figure 60:  Ultrasonic C-Scan of DC-10-F1 Composite Doubler Before and After  

160,000 Fatigue Cycles (Four Lifetimes of DC-10 Aircraft) 
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Figure 61:  Ultrasonic C-Scan of DC-10-F2 Composite Doubler Before and After  

160,000 Fatigue Cycles (Four Lifetimes of DC-10 Aircraft) 
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3.5  Validation of Analysis Code  

 

The performance of the composite doubler repairs was analyzed using a finite element model 

(FEM) of the fuselage structure and Boron-Epoxy laminate.  The design validation fatigue tests 

were limited in that they only simulated cabin pressure and did not account for all flight loads.  

The FEM analysis, however, included the complete spectrum of flight and pressurization loads.  

The tests described in this document were used to assess the general performance of composite 

doublers and to validate the analytical model.  Results from the validated FEM were then used to 

predict the doubler stresses and the reduction in stress in the aluminum skin during extreme flight 

load scenarios (see Section 2.0). 

 

Validation of the FEM consisted of comparisons between the analytical results, obtained under 

similar load conditions, and strain gage measurements obtained during the simulated pressure-

fatigue tests.  In general, comparisons with experimental data indicated that the FEM had 

sufficient accuracy (and conservatism) to support the Boron-Epoxy doubler design and analysis.  

Figures 62 and 63 compare experimental and analytical strain levels in the composite doubler 

and aluminum skin.  In both cases the FEM is able to accurately predict the stress/strain field.  

The FEM predictions were particularly good in the area of greatest concern around the flawed 

region of the skin.   

 

Due to differences in coefficients of thermal expansion between aluminum and Boron-Epoxy, all 

aluminum plate specimens with composite doublers possess some degree of residual curvature.  

As a result, an element of bending strain is also included in uniaxial tests such as this.  The 

bending strains are close to zero at the midplane of the specimens (see excellent comparisons in 

Channels 42, 44, 46 in Fig. 51) and become more pronounced with distance from the midplane.  

The FEM did not attempt to model this bending phenomena.  If the bending strains, obtained 

using strain readings from the front and back of the test specimen, are removed from the 

experimental data, the comparisons are improved further to the 10% range.  Also, the FEM was 

an infinitely long plate with no boundary condition effects.  The test articles had artificially high 

strains alongside the doublers since all load not absorbed by the doubler was required to travel 

through the narrow strips of aluminum on each side of the material.  In spite of the differences in 

boundary conditions, the analytical results still compared favorably with the experimental 

measurements.   

 

In the areas of greatest concern around the flaw and in the tapered region, the FEM analysis 

overestimated the strains in the doubler.  This indicates that the FEM approach was conservative. 

The computer analysis and test data both verified the primary goal of the reinforcing doubler to 

reduce stress risers.  Furthermore, the FEM was able to assess the damage tolerance and crack 

mitigation capabilities of the doubler using the full flight load spectrum.  The associated damage 

tolerance analysis showed that the doubler exhibits sufficient strength to provide adequate fatigue 

enhancement over the full spectrum of environmental conditions (see Section 2.0). 

 

 

 



 

 87 

 

0

500

1000

1500

2000

2500

0 5000 10000 15000 20000 25000 30000 35000

Chan 38

FEM Strain at Gage 38

Chan 40

FEM Strain at Gage 40

M
ic
ro
s
tr
a
in

Load (lbs)  
 

Figure 62:  Comparison of Experimental and Analytical (FEM) Strains in the Composite 

Doubler and Parent Aluminum Skin 
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Figure 63:  Comparison of Experimental and Analytical (FEM) Strains  

in the Composite Doubler 
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4.0  GENERAL VALIDATION OF COMPOSITE DOUBLER 

TECHNOLOGY USING FULL SCALE FATIGUE AND 

NDI TEST ARTICLE 
 

 

4.1  Doubler and Test Article Design 
 

The fatigue test article, representing a wing structure with a composite repair, was used to assess 

the general performance of the composite doubler and the MAUS inspection system.  Overall, the 

objectives of this activity were: 1) provide structural response data (strain, load transfer, bending, 

residual strength) and da/dN (flaw growth) data in order to assess composite repair technology 

and analysis methods, 2) produce a changing flaw profile and assess ability of MAUS to track 

authentic changes in real, fatigue-induced flaws; perform investigation using a representative 

built-up airplane structure, and 3) provide initial flaw profile and subsequent flaw growth data 

along with residual strength failure information in order to relate them to proper maintenance 

dispositions (flaw size vs. recommended actions and predicted flaw growth/failure of structure). 

 

Test Article and Fatigue Test Features - Figure 64 shows the fatigue test panel that mimics a 

wing configuration.  It includes stiffeners and is sized to eliminate boundary condition effects on 

the doubler's performance.  A summary of the key design features of the fatigue test article and 

related structural testing follows: 

 

• Structural configuration simulates an actual aircraft structure - simplistic design provides 

realistic but straightforward article for assessing structural disposition tools (e.g. analysis 

methods, NDI tools) 

• Skin: 0.125" th.; 2024-T3 aluminum.. 

• Stringers: 0.100" th.; 2024-T3 aluminum 

• Stringers mounted using 3/16" dia. countersunk rivets with 1.25" rivet spacing; bay width = 5" 

• Panel grip area and load train designed to produce ultimate stress levels in test article 

• Panel reinforced at load application points so that axial load was applied along the neutral axis 

and secondary bending was eliminated 

• Constant amplitude tension-tension fatigue loads produced 16 KSI stress across panel. 

 

 

Composite Doubler Repair Features - The test article possessed a less-than-desirable stiffness 

ratio between the doubler and the parent structure in order to improve the chances of producing 

disbond, delamination, and crack flaw growth.  In addition, different flaw engineering methods 

and off-design conditions (e.g. poor surface preparation) were employed to further optimize flaw 

growth opportunities.  A mold release agent was applied to portions of the prepared bonding 

surface in an attempt to form weak bonds that would fail.   
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Figure 64:  Full Scale Composite Doubler Design and Inspection 

Validation Fatigue Test Article 
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The composite doubler repair designed for this test article is shown in Figure 65.  In addition to 

the flaw types shown (pillow inserts for delamination and disbond flaws, pre-cured adhesive 

disks for kissing disbonds, and pull tabs for doubler-to-skin disbonds), the dotted lines and cross-

hatched areas around some of the flaws indicate the areas that were coated with the mold release 

agent.   

 

 

Figure 65:  Composite Doubler Repair Design and Flaw Layout for Fatigue Test Article 

 

 

Other pertinent features of the repair doubler design are: 

 

• Overall doubler dimensions: 6” W X 9” H 

• Doubler layout - 12 plies thick; ply orientation of [0,+45,-45,90]3 to produce a quasi-

isotropic doubler.  Composite doubler designs for a wing structure would normally be 

primarily made of 0o plies but this was a non-optimum design to improve the chances 

for flaw growth. 
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• Doubler stiffness ratio, R = 0.62; below recommended value of 1.0 - 1.2 in order to increase 

the likelihood of rapid crack growth and propagation of disbond/delamination flaws. 

R =  (Extlaminate)BE / (Ext)Al  

    =  (11.873 X 106 psi)(0.0684”)  

    (10.5 X 106 psi)(0.100”) 

   R =  0.62   (for 12 plies on 0.100" th. skin) 

 

• Doubler taper ratio = 9:1 (five 0.125" steps over 12 plies) was used instead of the 

recommended value of 20:1 or greater.  This was used to produce more extreme load transfer 

(smaller taper and higher shear stresses) and increase the likelihood of disbond initiation or 

growth at the edge of the patch. 

• Composite doubler was installed to repair the two fatigue cracks shown at the center rivet site 

in Figure 64.  Initial fatigue cracks were generated at the rivet site prior to stringer assembly 

and doubler installation. 

• Composite doubler was installed using the surface sand and Silane chemical surface 

preparation process (See Section 5.0). 

 

 

4.2  Eddy Current and Resonance Inspections Using MAUS Equipment 
 

Since the late 1980's, Boeing has been evolving the Mobile Automated Scanner (MAUS) for 

inspecting a myriad of aircraft materials and structural configurations [30-31].  It is now used 

widely to inspect composite and metallic structures in production and field environments.  An 

array of ultrasonic and eddy current inspection methods have been incorporated into the MAUS 

platform.  These inspection techniques are integrated into an automated data acquisition approach 

to combine fast inspection capability with C-scan data presentation.  Repeatable deployment of 

NDI probes along with sophisticated real time analysis of analog data produces greater flaw 

detection sensitivity.  The two-dimensional, color-coded maps (C-scans) produced by the MAUS 

highlight flaws or other anomalies within the structure.  User-specified settings determine how 

the system deals with the set of waveforms acquired by the interrogating transducer as it moves 

over the surface. 

 

Figure 66 shows the fatigue test article during fatigue testing and the MAUS scanning the 

doubler.  The test article was inspected with the MAUS device (eddy current and resonance 

mode) before any testing was performed in order to establish a baseline flaw profile.  MAUS 

inspections were interjected periodically during fatigue testing to track any flaw growth.  Two 

highly sensitive NDI techniques were used to provide the basis of comparison for the MAUS 

results.  For crack detection, very precise crack growth data was obtained from EC pencil probe 

inspections applied directly to the cracked surface (back side of specimen).  These results were 

compared to the MAUS inspections conducted via eddy current C-scans through the doubler.  

Through-transmission ultrasonics (TTU) provided the referee data regarding disbond and 

delamination onset and growth.  The TTU inspections were conducted before and after the 

fatigue tests.  Additional feedback on the MAUS performance was also provided by pulse-echo 
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ultrasonic inspections that were performed in-situ using hand held probes and a Quantum 

inspection device. 

 

 

 
 

Figure 66:  Fatigue Test of Simulated Wing Structure and MAUS Inspection 

 

 

The MAUS eddy current inspections for crack detection were performed with a 5 KHz probe. A 

sample MAUS eddy current image of the two cracks emanating from the center rivet site is given 

in Figure 67.  Figure 68 compares crack lengths measured using an eddy current pencil probe 

(100 KHz and 500 KHz in direct contact with cracked surface) with the crack lengths determined 

from MAUS images such as the one shown in Figure 67 (MAUS inspections through the 

doubler).  Although no specific feedback training was provided for inspectors to use the crack 

image as a means for ascertaining crack length, Figure 68 shows that the MAUS was able to 

accurately track the growth of both cracks emanating from the center of the rivet.  In most 

measurements there was less than a 5% difference between the MAUS crack length predictions 

and those determined by the referee EC pencil probe technique. 
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Figure 67:  MAUS Eddy Current X and Y (annotated) Crack Images 

After 80,000 Fatigue Cycles 
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Figure 68:  Comparison of Pencil Probe Surface Crack Inspections with MAUS Eddy 

Current Scans Through the Composite Doubler 
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Disbond and delamination growth was also monitored during the fatigue tests.  Figure 69 shows 

the MAUS resonance scan image of the test article prior to fatigue testing.  Also shown for 

reference is a schematic indicating the size and location of the doubler flaws.  The solid lines in 

the schematic represent the flaw inserts or pull tabs while the dotted lines indicate the regions 

where the mold release was applied around select flaws.  There is complete correlation between 

the engineered flaw drawing and the flaw map provided by the MAUS scan.  Note also that the 

MAUS was able to detect the presence of the mold release regions even though these areas were 

not disbonded.  Rather, these were weak bond regions as evidenced by the fact that feeler gages 

could not be inserted into the edges of the mold release regions.  The MAUS resonance mode 

inspection was able to differentiate the relatively weak bonds in the mold release regions from 

the stronger "full strength" bonds in the remainder of the doubler. 

 

Figure 70 contains the MAUS resonance scan after the completion of 150,000 fatigue cycles.  It 

can be seen that there was essentially no change in the flaw profile with the exception of the 

region around the crack growth.  Crack propagation in the specimens, and the accompanying 

displacements as the crack opened each cycle, produced cohesive failure (cracking) in the 

adhesive.  However, this failure was localized about the length of the crack and did not result in 

any disbonds (adhesive failure).  This result was ascertained by visually noting the presence of 

adhesive on both the aluminum and composite laminate (i.e. adhesive fractured at high strains 

but it did not disbond).  Thus, the full strength of the adhesive was achieved.  Post-test 

inspections via through-transmission ultrasonic inspection showed that the flaw profile remained 

unchanged over 150,000 cycles. 
 

 

0 Cycles
 

 

Figure 69:  MAUS Resonance Scan of Fatigue Test Article Doubler Before Fatigue Loading 
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150k Cycles  
 

Figure 70:  MAUS Resonance Scan of Fatigue Test Article Doubler 

After 150,000 Fatigue Cycles 

 

 

4.3  Fatigue Test Results 

 

Strain gages were placed on the doubler and on the aluminum immediately adjacent to the 

doubler at the locations shown in Figure 71.  Static load tests were conducted before the fatigue 

tests began, as well as after select fatigue plateaus had been reached in order to monitor changes 

in the strain field and the load transfer between the parent structure and the composite doubler.  

After the fatigue crack was grown to a length approximately equal to the width of the composite 

doubler (6"), the fatigue testing was halted and a residual strength failure test was performed.  In 

this test the axial loads were increased monotonically until the structure could no longer sustain 

an increasing load. 

 

Key strain values for the parent skin and composite repair prior to fatigue testing are given in 

Figure 72.  The maximum axial strain in the aluminum plate (away from the doubler) was around 

1700 µε (for 16 KSI stress load).  When both axial and lateral (Poisson) stresses are considered, 

the maximum localized stress in the skin was around 21 KSI.  Strain reduction in the aluminum 

plate (open geometric shapes in Fig. 72) and strain shedding into the doubler (solid geometric 

shapes) is evident.  Strain gage #8 was installed directly over a large disbond, however, it still 

picked up significant strain.  This is because a sufficient amount of the load transfer region 

around the perimeter of the doubler was intact and produced good load transfer from the parent 

skin.   
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Figure 71:  Strain Gage Placement On and Around Composite Doubler 
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Figure 72:  Axial Strain Field in Aluminum and Composite Doubler 

Prior to Fatigue Testing 

 

 

The strain data in Figure 72 can be reduced to provide another measure of the doublers 

performance.  Plots of percent load transfer were obtained by calculating the ratio between 

doubler strains and strains in unrepaired regions of the aluminum skin.  Figure 73 shows the 

resulting load transfer plots for various doubler locations {εdoubler / εalum(ref)}.  In the tapered 

portion of the doubler, the load transfer was consistently in the 50 - 60 % range.  In the center, 

where the doubler reaches its maximum thickness of 12 plies, the load transfer was in the 30 - 

50% range.  These results agree with normal aircraft repair approaches that seek to achieve a 

30% - 50% stress mitigation in the structure being repaired. 

 

Figure 74 shows that the weak bonds, detected as flaws in the initial MAUS inspections, were 

brought to complete failure during the course of the fatigue load tests.  Prior to fatigue testing, 

the doubler was weakly bonded to the aluminum skin in the mold release regions shown in 

Figure 65.  After fatigue testing, it was possible to insert a sheet of paper into the lower region of 
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the doubler indicating a complete disbond over the large region (lower third of doubler) 

highlighted in the MAUS inspection (Figure 70). 
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Figure 73:  Load Transfer Into Composite Repair Doubler 

 

 

 
 

Figure 74:  Complete Skin-to-Doubler Disbond After Fatigue Testing 
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4.4  Residual Strength After Fatigue 

 

After the wing repair test article was subjected to 150,000 cycles, a residual strength tensile test 

was performed.  At this point, the two crack lengths totaled approximately 5.8" in length so the 

crack under the repair extended essentially across the entire width of the doubler.  Thus the 

doubler and the two small strips of aluminum on each side of the doubler absorbed all of the 

load.  The aluminum skin beneath the doubler and near the crack was almost completely relieved 

of its stress.  As a result, the failure mode during the residual strength test was as follows: 1) as 

the axial load increased, the composite doubler took an increasingly higher percentage of the 

load, 2) the test loads produced stresses sufficient to yield the aluminum skin and non-linear 

strain responses ensued, 3) the crack propagated across the width of the skin and ultimate stress 

levels were produced in the composite doubler, 4) the composite doubler fractured rapidly at 85 

KSI and all loads were transferred to the aluminum material on either side of the doubler, 5) the 

stress levels in the aluminum immediately exceeded ultimate levels and the aluminum (parent 

skin and stringer) fractured along the same path as the original fatigue crack.  Figure 75 contains 

front and back view photos of the failed test specimen.  The failure occurred rapidly where initial 

fracture of the doubler and total fracture across the entire width of the panel were within a split 

second of each other.  Next to the photos are two C-scan images produced by TTU inspections 

on the two halves of the post-failure doubler.  It can be seen that the flaw profile did not change 

even during the failure test when aluminum stress levels increased well into the plastic regime.   

 

This represents especially outstanding doubler performance since the lower third of the doubler 

was disbonded and extreme shear stresses were produced in the load transfer region (i.e. doubler 

full thickness region at the edge of the mold release/disbond line).  Notice in Figure 75 that this 

disbond region did not grow any further than the mold release line.  Recall that this doubler was 

severely underdesigned in an attempt to induce flaw growth, however, extreme damage tolerance, 

crack mitigation, and resistance to flaw growth was still achieved with this composite repair. 

 

Figure 76 shows the strain field in the test article up through failure.  Since the crack extended 

across the entire doubler, the parent skin beneath the doubler was almost completely stress 

relieved (see Channels 4 and 10).  Also, the doubler stresses are now equal to or greater than the 

stresses in the parent aluminum outside the doubler region.  As yield stress levels were reached in 

the aluminum, the composite doubler mimicked this non-linear response (see Ch. 8 and 12) even 

though Boron-Epoxy material does not yield or have a plastic deformation regime.  This 

indicates that the adhesive is able to transmit non-linear, yield strains from the aluminum into the 

doubler and that stresses beyond yield are required to fail a properly installed composite repair. 

 

The fatigue test article results discussed here demonstrate: 1) the ability of the MAUS system to 

detect flaws that are smaller than the allowable flaw size, 2) the ability of the MAUS to track a 

changing flaw profile (delineate changes in disbond and delamination boundaries and monitor 

small crack propagation through doublers), and 3) the robust performance of composite doubler 

repairs despite a poor, undersized repair design and the presence of large installation flaws 

covering over 50% of the critical load transfer region, as well as areas around the crack flaw that 

required reinforcement. 
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Figure 75:  Photos Showing Failure Mode of Fatigue Test Article and TTU Images Showing 

Zero Flaw Growth After Experiencing Stress Levels Reaching Plastic and Ultimate Levels 
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Figure 76:  Strain Fields in Composite Doubler and Aluminum Plate 

During Ultimate Failure Test 
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5.0  COMPOSITE DOUBLER PERFORMANCE WHEN USING 

THE SOL-GEL SURFACE PREPARATION METHOD 
 

 

5.1  Introduction to Sol-Gel Surface Preparation Method 

 

The prebond surface treatment used on metals can significantly influence the resultant initial 

strengths and long-term durability provided by bonds.  The key to structural bonding is that the 

adherend surfaces must be roughened and free from contamination and weak oxide layers.  

Proper surface preparation will produce these features on the material and will allow for a 

reliable joint with sufficient strength and durability [32-33].  In order to optimize surface 

preparation, the basic mechanisms of adhesion must be considered.  The adhesive must be able to 

wet the entire surface of the adherend so that there is intimate molecular contact at the joint 

interface.  There are two basic mechanisms of adhesion for structural adhesive bonding: 1) 

mechanical interlocking of the polymer with the adherend surface, and b) chemical enhanced 

bonding of the polymer molecules with the adherend surface layer.   

 

Thus far, composite doubler evaluations and aircraft repairs for the commercial aviation industry 

have involved the phosphoric acid anodize (PAA) surface preparation method.  While it is 

recognized that the metal treatment prior to bonding is one of the most important factors in 

producing a strong and durable adhesive joint, it is also true that the complexity and hazardous 

chemicals associated with the PAA process has limited the use of bonded composite doublers.  

Boeing, in conjunction with the Dept. of Defense agencies, has evolved a prebond surface 

preparation method that utilizes Sol-Gel technology [34].  The Sol-Gel method – sometimes 

referred to as the Boe-Gel process – is very user friendly in that it is: 1) simple to implement in 

the field, 2) decreases the repair installation time, 3) eliminates the purchase of expensive in-situ 

anodize equipment, and 4) avoids the use of hazardous chemicals.  All of these advantages are 

realized without sacrificing the quality and performance of the bonded joint.  The purpose of the 

tests described in this section is to evaluate the fatigue (crack mitigation), strength, and long-term 

durability of composite doubler repairs that have been installed using the Sol-Gel method. 

 

Roughening surfaces prior to bonding enhances the strength of adhesive joints.  The abrasive 

process removes contaminated layers, including hard-to-remove oxide layers, and the roughened 

surface provides some degree of mechanical interlocking with the adhesive.  The process also 

forms a larger effective surface area for the bond and can introduce physical/chemical changes 

which affect surface energy and wettability.  All of these issues must be considered in light of the 

characteristics of the adhesive and its ability to spread on different surface textures.  The PAA 

surface preparation process enhances adhesion by producing a “roughened” high surface area that 

has both mechanical and chemical interactions with the adhesive primer.  Sol-Gel chemistry 

produces a thin film on metals that promotes adhesion.  The bonded joint is optimized through 

the chemical reaction between the metal and the Sol-Gel and the Sol-Gel and the primer. 
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Prior to applying the Sol-Gel solution, the surface is roughened by either a grit-blast or sanding 

process.  The introduction and containment of grit in a repair area is often problematic and time-

consuming so this study focused on the sanding process as the precursor to the chemical 

treatment.  The Sol-Gel was applied by brushing the mixed solution directly onto the roughened 

metal surface.  The Sol-Gel was cured using heat lamps.  After applying the BR-6747 primer, the 

composite doubler was placed over the area to be repaired.  Heat blankets were then used to co-

cure the primer, adhesive film, and composite doubler in a single heat cycle.  Overall, the Sol-Gel 

process can reduce the total repair installation time by three to four hours. 

 

 

5.2 Structural Evaluation of Sol-Gel Surface Preparation 

 

The test results used to quantify the damage tolerance of composite doublers installed using the 

Sol-Gel process will be presented in three distinct sections: 1) fatigue test results, 2) strain field 

measurements (evaluation of load transfer), and 3) residual strength tests.  Nondestructive 

inspections, used to relate the above items to flaw initiation and growth, will be discussed in the 

section on the fatigue test results.  The results presented in this section quantify the effectiveness 

of composite doublers, installed using the Sol-Gel process, in reducing crack growth in 

aluminum substructure.  Fatigue and strength tests were performed on specimens with 

combinations of crack, disbond, and impact flaws.  The flaw sizes, locations, and combinations 

were engineered to produce extreme worst case conditions.  Disbond, delamination and crack 

sizes used in these damage tolerance tests were at least twice the size of those which will be 

detected by the NDI requirements.  Thus, there is an inherent safety factor built into this damage 

tolerance assessment and the doubler performance sited here should be conservative. 

 

 

 5.2.1  Test Specimen Description 

 

The Sol-Gel specimens consisted of an aluminum plate (2024-T3, 0.071” thick), representing the 

original aircraft skin, with a bonded composite doubler.  The doubler was bonded over a flaw in 

the aluminum.  The specimens had the following basic design configurations: unabated 0.5” 

fatigue crack at the edge of the aluminum plate with co-located 1.0” dia. disbond between 

composite doubler and aluminum; 1.0” dia. disbonds along doubler edge as shown in Figure 77.  

The Boron-Epoxy material was type 5521/4.  The adhesive material was FM-73, or accepted 

substitute AF-163 (0.06 PSF), and the primer was Cytec BR-6747. 

 

The Boron-Epoxy composite doublers were a multi-direction lay-up of 13 plies: [0, +45, -45, 

90]3 with a 0o cover ply on top.  The plies were cut to different lengths in both in-plane directions 

in order to taper the thickness of the resulting doubler edges.  This produced a more gradual load 

transfer between the aluminum and the doubler (i.e. reduces the stress concentration in the 

bondline around the perimeter).  A ply taper ratio of approximately 30:1 was utilized; this results 

in a reduction in length of 30 times the ply thickness.  The number of plies and fiber orientations 

produced an extensional stiffness ratio of Boron-Epoxy to aluminum of 1.2:1 {(Et)BE = 1.2 

(Et)Al}.   
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Figure 77:  Composite Tension Test Coupon for Sol-Gel Evaluation 
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Generation of Fatigue Cracks in Aluminum Substrate - Cracks were generated in the aluminum 

substrate plates before the composite doubler repairs were installed.  The unabated  0.5” fatigue 

cracks (i.e. no stop-drill) were then repaired with the composite doubler described above.  The 

applied fatigue loads were 2 ksi to 20 ksi (852 - 5680 lbs. load) to represent the 0 - 18 ksi hoop 

stress spectrum experienced by fuselage skin during cabin pressurization.   

 

Calculation of Laminate-Aluminum Extensional Stiffness Ratio - This section describes the 

method that was used to arrive at the stiffness parameter, Ext, for composite doublers.  The 

calculations used classical laminated plate theory, along with Boron-Epoxy lamina properties, to 

arrive at the average cured laminate modulus Ex (where x is the direction of the fatigue load).  

The Boron-Epoxy lamina properties at room temperature are: 

 

   E11= 28.0 X 106 psi 

   E22 = 2.7 X 106 psi 

   G12 = 0.8 X 106 psi 

   ν12 = 0.21 

   tply = 0.0057 in. 

 

The average laminate properties are calculated using the individual lamina properties listed 

above along with the following specific lay-up configuration: 1) 13 plies {[0, +45, -45, 90]3, 0}, 

and 2) laminate thickness t = 0.0741” (13 plies X 0.0057”/ply).  The resulting laminate properties 

were calculated: 

    Ex = 11.873 X 106 psi 

    Ey = 10.144 X 106 psi 

    Gxy = 3.77 X 106 psi 

    νxy = 0.32 

 

Compared to a 0.071” thick, 2024-T3 aluminum plate, the stiffness ratio is, 

 

   R =  (Extlaminate)BE / (Ext)Al  (12) 

 

    =  (11.873 X 106 psi)(0.0741”)  

           (10.5 X 106 psi)(0.071”) 

   R =  1.2 

 

This method was used to arrive at the 1.2 extensional stiffness ratio 
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Instrumentation - Load transfer through the composite doubler and stress risers around the 

defects were monitored using the strain gage layouts shown in Figure 78.  Biaxial gages were 

used to measure both the axial and transverse strains in the anisotropic composite material.  

Crack growth was monitored using optical measurement devices (resolution 0.003”) and eddy 

current inspections that were applied to the non-composite doubler side of the specimens.   
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Figure 78:  Strain Gage Locations for Sol-Gel Tension Tests 
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 5.2.2  Surface Preparation and Composite Doubler Installation 
 

All test specimens were prepared using the Sol-Gel surface preparation procedure and hot 

bonding equipment.  The complete installation procedure is provided in reference [35] and is 

Textron Specification No. 200008-001 (may also be referenced as the Boeing Specification 

D658-10183-1).  The key installation steps are described below and summarized in Figures 79-

84. 

 

1. Aluminum Surface Preparation - Solvent clean per BAC 5750.  Remove the oxide on the 

aluminum prior to Sol-Gel application using Scotch Brite pads and machine sanding to 

achieve a 30 second water-break free condition.  Apply freshly-mixed Sol-Gel solution to 

the aluminum surface using brush-on or spray-on application processes. 

 

2. Primer and Adhesive Process - Prime the Sol-Gel surface using Cytec BR-6747 primer.  

Co-cure the Cytec FM-73 (or equivalent: AF163) structural film adhesive simultaneously 

with the Boron-Epoxy doubler. 

 

3. Boron-Epoxy Doubler Installation and Cure - Lay up the 5521/4 Boron-Epoxy doubler in 

accordance with the application design drawing.  After sufficient freezer out-time to 

defrost and remove moisture, apply adhesive film to the doubler base.  Cure for 90 

minutes at 250oF or 180 minutes at 225oF at 0.54 ATM vacuum bag pressure (equivalent 

atmospheric pressure is 7.35 psia) using computer-controlled, composite “hot bonder” 

units.  Use heat blankets to provide the proper temperature cure profile in the field.  Use a 

series of thermocouples in an active feedback loop to maintain the proper temperature 

profile. 

 

The installation process specification [35] requires a wedge test on a composite witness coupon 

which is installed adjacent to the actual doubler.  A plastic wedge is used to pry these witness 

coupons away from the aluminum skin at the bondline.  A successful wedge test result is where 

adhesive material appears on both the aluminum substrate and the witness coupon.  Note the 

presence of the pink adhesive on both the witness coupon and the parent aluminum skin in Figure 

84.  This signifies a good installation and assures that the adhesive layer will fracture at high 

strains rather than disbonding at relatively lower strains.  Figure 83 shows the pull tabs placed 

between the doubler and the aluminum skin.  These were used to engineer intentional disbond 

flaws in the test specimens.  An additional interply delamination flaw was produced by leaving 

the composite ply backing paper (see Fig. 79) in between adjacent plies.  This backing paper will 

prevent adhesion between the plies – in the shape shown in Fig. 79 – and also restrict resin flow 

during the cure process.  The bleeder cloth in the left photo of Figure 84 shows a lack of resin 

flow in the delamination area caused by backing film.  The ability to insert feeler gages between 

the plies confirms the presence of delamination. 
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Figure 79:  Scotchbrite Abrade to Water Break-Free Surface (left);  Laying Up Doubler 

with Individual Boron-Epoxy Plies (right) 

 

 

 

Figure  80:  Vacuum Bag Debulk of Doubler Every Four Plies 

 

 

 

Figure 81:  Sol-Gel Kit and Mixing Sol-Gel Chemicals 
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Figure 82: Spray-On Application of Sol-Gel Surface Prep Chemicals -  

5 applications in 3-4 minutes 

 

 

Figure 83:  Application of BR-6747-1 primer (left);  Witness Coupons and Pull Tab Flaw 

Inserts Placed Between Doubler and Aluminum Skin 

 

 

Figure 84:  Cured Composite Doubler with Pull Tabs Removed (left); Witness Coupons 

Before and After Wedge Test Show Successful Surface Preparation (right) 

No Resin Flow RegionNo Resin Flow Region
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 5.2.3  Fatigue Results from Sol-Gel Performance Tests 

 

Figure 85 shows the fatigue test specimen mounted in the mechanical test machine and a close-

up view of several strain gages monitoring the strain field along a propagating fatigue crack.  The 

applied fatigue loads were 2 ksi to 20 ksi (852 - 5680 lbs. load) to represent the 0 - 18 ksi hoop 

stress spectrum experienced by fuselage skin during cabin pressurization.  The engineered flaws 

in the test specimens were as shown in Figure 77.  Disbond, delamination and crack sizes used in 

these damage tolerance tests were at least twice the size of those that can be reliably detected by 

the NDI methods.  Thus, there is an inherent safety factor built into this damage tolerance 

assessment and the doubler performance sited here should be conservative. 

 

 

Figure 85:  Doubler Fatigue Test - Strain Field Monitoring on Doubler and Adjacent to 

Crack in Parent Aluminum 

 

 

Crack Mitigation - Crack growth results from the fatigue tests on specimens Sol-Gel1 and Sol-

Gel2 are shown in Figure 86.  This plot compares the crack mitigation performance of the 

previously accepted phosphoric acid anodize (PAA) surface prep method and the Sol-Gel 

method.  The black curves show the crack mitigation performance produced through the PAA 

process (ref. Fig. 23) while the red curves represent the crack mitigation performance produced 

by the Sol-Gel installation method. 

 

The plots show that crack growth can be substantially reduced or completely eliminated for a 

number of fatigue lifetimes using composite doubler repairs.  This is true in spite of the disbond 

and impact impediments - both at the critical load transfer region along the doubler’s edge and 

directly over the crack - which were engineered into the specimens.  Note the delay in crack 

reinitiation until 10,000 and 80,000 cycles in the Sol-Gel specimens.  Because of this initial crack 

growth arrest, these specimens experienced total crack growths of less than 1.5” up through 

144,000 fatigue cycles (four design lifetimes of most widebody aircraft).  These plots also show 

Fatigue crack

Front Back
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that for similar specimen types, the Sol-Gel method performs as well as the PAA process.  The 

Sol-Gel crack mitigation results also compare favorably with the second set of PAA fatigue 

performance data shown in Fig. 24.   

 

Figure 86:  Comparison of Crack Growth Mitigation Produced by Composite Doublers 

Prepared with Sol-Gel and PAA Surface Preparations 

 

 

Control Specimens and Comparison of Crack Growth Rates - Two tests were conducted on 

aluminum “control” specimens that were not reinforced by composite doublers (BE-6 

configuration).  Unabated fatigue cracks were propagated using the same fatigue spectrum 

applied to the composite reinforced specimens.  Figure 86 shows the crack growth exhibited by 

the unreinforced plates.  In these tests, the fatigue cracks propagated through the width of the 

specimens after 9,000 and 12,000 cycles.  By comparison, configuration BE-4, which had a 

composite doubler, failed after 182,000 cycles.  Thus, the fatigue lifetime as defined in the test 

coupons, was extended by a factor of approximately 20 through the use of composite doublers.  

The Sol-Gel specimens were not fatigued to failure.  The 150,000 to 200,000 cycles produced 

crack growth of approximately 1.5” (specimen failure occurred at crack length = 3.5”).  Of 

greater importance, it should be noted that optimum installations without engineered disbond 

flaws or specimens without fatigue cracks were able to sustain much higher fatigue cycles (see 

also Section 2.0).  Therefore, the life extension factor of 20, calculated using flawed doubler 

installations, is considered conservative. 
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In Figure 86, the number of fatigue cycles are plotted using a log scale because it clearly shows 

the crack arresting affect of the composite doublers.  The unreinforced panels asymptotically 

approach 10,000 cycles-to-failure while the plates reinforced by composite doublers 

asymptotically approach 100,000 to 200,000 fatigue cycles.  Figure 86 also shows that the crack 

growth rates for all of the specimens can be approximated by a bilinear fit to the data plotted on a 

semi-log scale.  This simply demonstrates the well-known power law relationship between 

fatigue cycles (N) and crack length (a).  The first linear portion extends to (a) = 0.25′′ in length. 
The slopes, or crack growth rates, vary depending on the localized configuration of the flaw (e.g. 

stop-drilled, collocated disbond, presence of doubler).  The second linear portion extends to the 

point of specimen failure.  A comparison of these linear approximations shows that the crack 

growth rate is reduced 20 to 40 times through the addition of a composite doubler.   

 

Nondestructive Inspection and Propagation of Adhesive Flaws - These damage tolerance tests 

assessed the potential for loss-of-adhesion flaws (disbonds and delaminations) to initiate and 

grow in the composite doubler installation.  Disbonds can occur between the composite doubler 

and the aluminum skin while delaminations can develop between adjacent plies of Boron-Epoxy 

material.  It has been shown in related studies that the primary load transfer region, which is 

critical to the doubler’s performance, is around its perimeter [1, 13, 20-24].  The purpose of the 

engineered disbonds in many of the test configurations (see Fig. 77) were to demonstrate the 

capabilities of composite doublers when large disbonds exist in the critical load transfer region, 

as well as around the cracks which the doublers are intended to arrest.  In this manner, severe 

worst case scenarios could be assessed and quantitative performance numbers could be 

established.  In Figures 23, 24, and 86, the specimens with the disbond scenarios were: Sol-Gel-

1, Sol-Gel-2, BE-4, BE-8, and BE-9.  The 1” wide disbonds in the upper and lower tapered 

regions amounted to 33% of the load transfer region. 
 

The Sol-Gel fatigue and ultimate strength test coupons were inspected using through-

transmission ultrasonics.  Figure 87 shows C-scan images generated by the through-transmission 

ultrasonic inspection of specimen Sol-Gel-1.  Signal variations corresponding to disbonds and 

delaminations are represented by dark black areas on the images [Note the correspondence 

between the doubler shape and flaw locations shown in Figure 87 and the C-scan image].  The C-

scan image on the left in Fig. 87 shows the specimen flaw profile prior to fatigue or ultimate 

strength testing.  It shows the three engineered disbonds and reveals that there were no other 

flaws in the installation. 

 

Subsequent inspections performed at 1, 2, 3, and 4 fatigue lifetime intervals revealed that there 

was no growth in any of the disbonds.  Crack propagation in the specimens, and the 

accompanying displacements as the crack opened each cycle, produced cohesive failure 

(cracking) in the adhesive.  However, this failure was localized about the length of the crack and 

did not result in any disbonds (adhesive failure).  Figure 87 shows C-scan images produced 

before and after fatigue testing (210,000 cycles).  Side-by-side comparisons of the various flawed 

specimens show that the original engineered flaws, which were detected prior to testing, 

remained unchanged even after multiple fatigue lifetimes.  The only discernible change in the 

flaw profile during fatigue occurred around the propagating crack.  As the crack opened during 



 

 114 

fatigue loading it produced a fracture of the adhesive.  This demonstrates the proper failure mode 

for a doubler installation.  That is, the adhesive should fracture instead of disbonding.  This 

assures that the full strength of the adhesive can be realized in the joint.   
 

 

 

Figure 87: Through-Transmission Ultrasonic Images Show No Flaw Growth Over 

Multiple Lifetimes of Fatigue Loading (Specimen SolGel-1) 
 

 

 5.2.4  Strain Field Measurements in Sol-Gel Panels 

 

The fatigue tests were conducted using a sinusoidal load spectrum that produced maximum stress 

value of 20 KSI (5,680 lbs.) and a stress ratio R = 0.1.  Load levels were increased beyond the 

fatigue load levels during the static tests, however, the stress levels were well below yield levels.   

Figure 78 shows the strain gage layouts that were used to monitor: 1) the load transfer into the 

composite doublers and, 2) the strain field throughout the composite laminate and aluminum 

plate.  The stress, strain, and load transfer values presented in this section quantify the doubler 

performance characteristics discussed above.  They provide additional insights into the doubler’s 

ability to: 1) resist crack initiation or mitigate crack growth, and 2) perform acceptably in spite of 

worst-case installations. 

 

A summary of the strain fields in the fatigue test coupons can be seen in the curves shown in 

Figures 88-89.  Sol-Gel-1 and Sol-Gel-2 specimens produced similar strain fields.  In general, it 
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was observed that all strain responses from the simulated fuselage pressurization loads were 

linear.  No residual strains were noted when the specimens were unloaded.  The maximum 

doubler strains were found in the load transfer region around the perimeter (taper region) of the 

doubler.  In all fatigue specimens, the strains monitored in this area were approximately 50% of 

the total strain in the aluminum plate.  This value remained constant over four fatigue lifetimes 

indicating that there was no deterioration in the bond strength.  The strain in the aluminum plate 

beneath the doubler is reduced in accordance with the strain picked up by the composite doubler.  

The set of engineered disbonds affected approximately 1/3 of the critical load transfer region.  

The doublers were able to pick up the strains necessary to accomplishing their intended purpose 

of strain reduction and crack mitigation in the parent structure.  This performance was achieved 

in spite of collocated flaw scenarios such as impact and disbond flaws.  Note also that these flaws 

were directly over the cracks which the doublers were intended to arrest. 
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Figure 88:  Axial Strain Field in Aluminum and Composite for Sol-Gel-1 Specimen 

Prior to Fatigue Testing (ref. strain gage locations shown in Figure 78) 

 

 

The maximum total axial strain in the aluminum plate (away from the doubler) was around 3000 

µε (for test load P=7,300 lbs.).  Axial strains in the aluminum plate beneath the doubler were 

approximately 50% to 70% of this maximum value while axial strains in the composite doubler 

ranged from 30% to 50% of the total strain in the specimen.  Recall that the axial strains 
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represent the hoop strains in an actual aircraft. The lateral strains in each of the specimens were 

produced by the Poisson effect and agreed well with the theoretical relation: 

 

 εa = - (ν X εl) (13) 

 

where ν is Poisson’s ratio, εa represents axial strain and εl represents lateral strain.   
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Figure 89:  Lateral Strain Field in Aluminum and Composite for Sol-Gel-1 Specimen  

(ref. strain gage locations shown in Figure 78) 
 

 

The load transfer is similar at the upper and lower taper regions (compare Ch. 54 and Ch. 66).  

The strain relief created by disbonds is evidenced by the low strains in Ch. 56 and 68.  The large 

strains in gages immediately adjacent to the disbond (Ch. 54 and Ch. 66) demonstrate that the 

disbond effects are very localized.  The doubler does not create excessive strain risers in the 

unreinforced aluminum immediately adjacent to the doubler (Ch. 52).  Large strains immediately 

adjacent to the lower disbond (Ch. 54) reiterate the fact that relatively large disbond or 

delamination flaws (up to 1” diameter) in the composite doubler have only localized effects on 

strain.  Overall, the three disbonds in the Sol-Gel specimens appear to have minimal effect on the 

doubler’s ability to transfer load and relieve the parent aluminum plate.   

 

 

 5.2.5  Aluminum Plate and Composite Doubler Stresses in Sol-Gel Panels 

 

To provide a point of reference for any Boron-Epoxy doubler installation, various stresses 

sustained by the fatigue test specimens are listed in Table 8.  Strain data collected from the 
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biaxial (axial and lateral) gages were used to calculate the membrane stresses in the composite 

doubler and parent aluminum skin using the following equations: 
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where E is the modulus of elasticity, ν is Poisson’s ratio, σa is the axial stress in the skin, σl is 

the longitudinal stress in the skin, εa is the hoop strain, and εl is the longitudinal strain.  From 

Mil-Handbook 5, the modulus of elasticity and Poisson’s ratio for 2024-T3 aluminum are:  E 

=10.5 X 106 psi and ν =0.33, respectively.  As stated in the Boron-epoxy laminate calculations 

above, the properties of the Boron-Epoxy laminate are Ex = 11.87 X 106 psi and ν = 0.32. 

 

Table 8 shows that the uniform stresses, in excess of those experienced during flight, were 

produced in the parent skin for each specimen configuration.  Away from the fatigue crack, the 

maximum stresses in the aluminum beneath the doubler (Ch. 63, 64) were roughly 50% of the 

yield stress for 2024-T3.  The maximum stresses in the composite doublers occurred at the edge 

of the doubler in load transfer region (Ch. 53, 54).  Stress risers near fatigue cracks, which 

normally amount to two or three times the uniform strain field away from the flaw, were 

essentially eliminated by the composite doubler (Ch. 59, 60).  The maximum aluminum stresses 

immediately adjacent to the fatigue cracks were less than the uniform stress field outside the 

doubler.  A comparison of the stresses at zero and after 144,000 fatigue cycles shows that the 

doublers picked up additional stresses when the fatigue crack growth reduced the load carrying 

capacity of the parent aluminum (i.e. stress relief occurred in aluminum). 
 

 

Biaxial 

Channels 

 

Peak 

Load 
 (lbs) * 

Stress at 

Zero Cycles 

(psi) 

Stress After 

Fatigue 

(psi) 

 

No. of 

Cycles 

 

Location on 

Test Specimen 

51, 52 5,000 22,048 21,490 144,000 Aluminum Away from 

Doubler 

53, 54 5,000 11,850 11,380 144,000 Doubler Edge (lower 

taper region) 

59, 60 5,000 20,670 260 144,000 Aluminum Near Flaw 

61, 62 5,000 3,470 8,450 144,000 Doubler Center (full 

thickness) 

63, 64 5,000 16,200 700 144,000 Aluminum Center 

Beneath Doubler 

 

Table 8:  Stresses in Aluminum and Composite Doubler at  

Maximum Fuselage Pressure Loads 
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 5.2.6  Load Transfer into Composite Doubler 

 

Plots of percent load transfer were obtained by calculating the ratio between doubler strains and 

strains in corresponding portions of the aluminum parent skin.  Figure 90 shows the resulting 

load transfer plots for various doubler and aluminum reference channels {εdoubler / εalum(ref)}.  The 

curves indicate that the load transfer into the doubler - and away from the aluminum - was 

similar in all fatigue specimens regardless of the type and degree of damage in the specimen.  In 

the tapered portion of the doubler, the load transfer was consistently in the 40 - 60 % range.  In 

the center, where the doubler reaches its maximum thickness of 13 plies, the load transfer was in 

the 30 - 50% range.  These load transfer values remained constant over four fatigue lifetimes.  

This indicates that there was no deterioration in the bond strength. 
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Figure 90:  Load Transfer into Doubler for Sol-Gel Surface Prep Specimens 

 

 

 5.2.7  Comparison of Strain Response Between Sol-Gel and Phosphoric Acid 

Anodize Specimens 

 

Reference [1] describes a set of similarly designed specimens that contained composite doublers 

installed using the PAA surface prep process.  One final assessment of the Sol-Gel method can 

be performed by comparing the strain levels produced in the two specimen sets.  Figure 91 
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contains plots of strains measured at identical locations on PAA and Sol-Gel test specimens.  It 

can be seen that the strains are the same indicating that the bond strength, and resulting load 

transfer into the reinforcing composite patch, are the same for both installation methods.  This 

supports the argument that the Sol-Gel process can generate the same repair performance as the 

PAA process. 

 

 

Figure 91:  Comparison of Strain Fields in Sol-Gel and 

Phosphoric Acid Anodize Fatigue Specimens 

 

 

 5.2.8  Residual Strength Failure Tests 

 

After the test specimens were fatigued, they were subjected to static tension tests in order to 

determine their residual strength and failure modes.  These were not ultimate strength tests since 

the specimens were tested after flaws were engineered into the specimens and the implanted 

cracks were subsequently grown.   By using the maximum load at failure and the original cross 

section area at the start of the static residual strength test, the resulting “residual tensile strength” 

numbers were calculated. 
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Figure 92 shows the extensive crack growth and crack opening that occurred during the failure 

tests.  Both Sol-Gel specimens had plate crack reinitiation during the course of their fatigue tests.  

Their failure modes were identical: crack propagation and associated cohesive bond failure 

through the aluminum plate.  The doubler separated from the aluminum plate through a cohesive 

fracture of the adhesive.  Thus, there was no disbond growth and adhesive was found on both the 

aluminum and composite laminate.   

 

 

Figure 92:  Crack Growth in Failure Tests – Composite Doubler Sustaining Stresses in 

Aluminum Plastic Regime and Crack Length in Excess of 50% Plate Width 
 

 

As the crack growth continued beyond the perimeters of the implanted disbond flaw, significant 

strain changes were observed in the immediate area of the propagating crack.  The results, 

however, highlight the ability of the composite doubler to pick up additional load in response to a 

loss of strength in the parent structure.  Figure 93 shows the strain field in the Sol-Gel-2 

specimen up through failure.  The aluminum plate away from the doubler (channel 52) began to 

yield at approximately 10,200 lbs. (36 ksi yield) while the doubler continued to increase its load 

in a linear fashion.  This load/response process continued until failure occurred when the 

specimen could no longer sustain an increasing load.  Figure 93 illustrates that the composite 

doubler was able to transmit stresses in the plastic regime and that extensive yielding/loading 

beyond the initial yield level was required to fail the installation. 

 

In calculating the ultimate tensile stress, the cross-sectional dimensions of the aluminum and the 

bonded doubler were used.   

 

1. Specimen Sol-Gel-1: fatigue testing propagated the unabated crack to 2.08” in length; failure 

load = 17,580 lbs.; measured residual strength = 82.8 ksi. 

2. Specimen Sol-Gel-2: fatigue testing propagated the unabated crack to 1.92” in length; failure 

load = 17,580 lbs.; measured residual strength = 78.3 ksi. 
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Even in the presence of severe worst case installations (disbonds) and extensive damage growth 

(fatigue cracks extending through 50% of the specimen width), it was seen that the doubler-

reinforced-plates were able to achieve residual tensile strengths (i.e. post-damage tensile 

strength) which exceeded the 70 ksi Mil handbook listing for the ultimate tensile strength of 

2024-T3 material.  Thus, the Boron-Epoxy doubler was able to return the parent structure to its 

original strength and load carrying capability. 

 

 

Figure 93: Strain Levels Produced in the Composite Doubler and 

Aluminum Plate During Failure Test of Sol-Gel-2 Specimen 

 

 

Ultimate Failure Mode - Figure 94 shows a front and back view of the two failed specimens.  The 

implanted, 1” diameter disbond is clearly visible as is the propagation of the fatigue crack prior 

to failure.  Each of the ultimate tensile strength tests produced the same failure mode which can 

be described as follows.  Upon reaching the yield stress, the aluminum parent skin began to yield 

(ref. the nonlinear strain region in Fig. 93).  Initially, the yielding was primarily in the exposed, 

unreinforced area of the coupon.  As the load was increased further, the aluminum beneath the 

doubler also began to yield and elongate.  The yield zone traveled from the tapered edge of the 

doubler toward the center of the specimen.  This caused the aluminum to sequentially pull away 

from the doubler which was not yielding or stretching at the same rate as the parent aluminum. 

 

 

0

2000

4000

6000

8000

0 5000 10000 15000 20000

Ch. SG-54
Ch. SG-58

Ch. SG-60
Ch. SG-62

Ch. SG-64
Ch. SG-66
Ch. SG-52

M
ic
ro
s
tr
a
in

Load (lbs)

Yield Point in Aluminum

Composite Doubler

Strains

Strain Relief in Skin

Caused by Crack Growth



 

 122 

 

 

Figure 94:  Post Failure View of Sol-Gel Specimens Shows a Cohesive Fracture 

Failure Mode of the Bond Line  

 

The result was a rolling wave of cohesive failure in the adhesive layer.  There was no disbond 

growth in the specimen as evidenced by the presence of adhesive on both the aluminum and 

mating composite doubler in Fig. 94 (i.e. adhesive fractured at high strains but it did not 

disbond).  This indicates that the installation was successful and the full strength of the adhesive 

was achieved.  During the course of the test it was possible to hear popping sounds 

corresponding to the fracture of the adhesive.  When this cohesive failure (as opposed to 

adhesive, or disbond, failure) in the adhesive reached the center crack of the coupon, half of the 

aluminum plate was left without doubler reinforcement.  At that point, the crack in the aluminum 

propagated rapidly across the entire width of the test specimen.  Thus, the aluminum was severed 

in half, as shown in Fig. 94, but the doubler remained in one piece.  The contrast between the 1” 

diameter disbonded area, which has no adhesive, and the adjacent adhesive fracture area, which 

contains a layer of the adhesive material, is also evident on the aluminum skin in Fig. 94.  The 

damage tolerance tests demonstrated that the loss of doubler integrity at the critical load transfer 

region produced only localized effects and did not significantly reduce the overall performance of 

the doubler. 

 

Overall Results 

• Strain increases in doubler as alum. sheds load (crack grows) 

• Doubler strains are well above alum. yield point (σ ≈ 40 KSI, ε ≈ 4µε) 

• Cohesive fracture of adhesive occurs well beyond alum. yield (ε ≈ 16,000 µε) 

• Consistency: All Sol-Gel specimens failed above σu = 70 KSI (doubler returned damaged 

structure to original ultimate strength) 

 

Engineered Disbonds at Critical 

Load Transfer Region & Over Crack



 

 123 

 

6.0  NONDESTRUCTIVE INSPECTION OF 

BONDED COMPOSITE DOUBLERS AND 

METALLIC SUBSTRUCTURE 
 

6.1  Inspection Requirements and Intervals for Continued Surveillance 

 

An overall approach to managing the implementation of composite doubler technology is 

proposed in reference [5].  Reference [5] suggests the use of an Engineering Standard to guide all 

design, analysis, and QA issues.  A series of quality assurance (QA) measures were  included  in  

this  project’s  composite  doubler installation process to  assure:  1) sufficient strength in the 

adhesive layer,  2) sufficient strength in the Boron-Epoxy laminate, 3) proper surface preparation 

to allow the best opportunity for complete adherence of the doubler, and 4) the detection of any 

flaws in the composite doubler.  The final QA mechanism is nondestructive inspection which is 

used for the initial acceptance of a composite doubler installation and for continued surveillance 

over the life of the doubler. 

 

The three main potential causes of structural failure in composite doubler installations are cracks 

in the metal, disbonds at the adhesive layer, and delaminations between adjacent plies in the 

doubler.  When disbonds or delaminations occur, they may lead to joint failures.  By their nature, 

they occur at an interface and are, therefore, always hidden.  A combination of fatigue loads and 

other environmental weathering effects can combine to initiate these types of flaws.  Periodic 

inspections of the composite doubler for disbonds and delaminations (from fabrication, 

installation, fatigue, or impact damage) is essential to assuring the successful operation of the 

doubler over time.  The interactions at the bond interface are extremely complex, with the result 

that the strength of the bond is difficult to predict or measure.  Although extensive testing has 

shown this repair method to be extremely damage tolerant, disbonds in critical regions may 

compromise the integrity of the structural assembly.  Therefore, it is necessary to detect all areas 

of disbonding or delamination, as directed by DTA, before joint failures can occur.  The overall 

goals of the NDI effort was to: 1) utilize suitable NDI techniques to detect cracks in the parent 

structure, interply delaminations in the doubler, and metal interface disbonds, and 2) generate an 

inspection method (equipment and procedures) that can be easily deployed by personnel in the 

field.   

 

In any surveillance of aircraft structure there are three main aspects to the inspection 

requirements: 1) the damage tolerance analysis (DTA) which determines the flaw onset and 

growth data (especially critical flaw size information), 2) the sensitivity, accuracy, and 

repeatability of NDI techniques which, in concert with the DTA, establishes the minimum 

inspection intervals, and 3) the impediments which the NDI techniques must contend with while 

achieving the required level of sensitivity.  Section 1.4.3 presented how a damage tolerance 

analysis is used to establish the inspection intervals and allowable damage (flaw size to be 

detected). 
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6.2  Quality Assurance Coupons to Ensure Proper Surface Preparation 
 

Before moving into routine in-service inspections, it is first necessary to ensure that the initial 

installation was completed properly.  Towards that end, quality assurance testing has been 

developed for certifying the initial installation.  The primary QA test utilizes a witness coupon.  

The witness coupon is a metal strip that is bonded to the prepared surface alongside the 

composite doubler.  After curing, the witness strip is pried off with a wedge.  If the adhesive is 

found on both the coupon and the steel structure, then the surface preparation is good.  The full 

strength of the adhesive is assured since the failure mode was cohesive failure (fracture) rather 

than adhesive failure (disbond).  Figure 95 depicts this surface preparation QA test and the two 

potential failure modes. 

 

 

6.3  Inspections for Cracks in Parent Material Beneath Composite Doubler 

 

In addition to the normal difficulties associated with crack detection in steel structures, the added 

complexity of inspecting through a composite doubler to assess the structure beneath introduces 

new impediments.  The two NDT inspection techniques commonly used for crack detection were 

assessed in this study: eddy current and X-ray. 

 

 6.3.1  Eddy Current Inspection 

 

Eddy Current (EC) inspection uses the principles of electromagnetic induction to identify or 

differentiate structural conditions in conductive metals [16, 36].  In this study, it was applied to 

numerous bonded composite doubler installations in order to assess the ability of EC to detect 

cracks in steel plates beneath a composite laminate.  The presence of a crack is indicated by 

changes in the flow of eddy currents in the structure.  EC signals are physically monitored using 

impedance-plane plots which show the reactive and resistive components of a coil as functions of 

frequency, conductivity, or permeability.   

 

When EC inspections are performed, an electrically conductive material is exposed to an 

alternating magnetic field that is generated by a coil of wire carrying an alternating current.  As a 

result, eddy currents are induced on and below the surface of the material (see Figure 95).  These 

eddy currents, in turn, generate their own magnetic field which opposes the magnetic field of the 

test coil.  Cracks or thickness changes in the structure being inspected influence the flow of eddy 

currents and change the impedance of the test coil accordingly.  EC instruments record these 

impedance changes and display them in impedance plane plots to aid the flaw detection process. 
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Figure 94:  Quality Assurance Wedge Test for Bond Surface Preparation 

 

 

The depth of penetration of eddy currents is inversely proportional to the product of magnetic 

permeability, electrical conductivity, and frequency of the inducing currents.  Therefore, eddy 

current tests are most sensitive to discontinuities on the surface next to the coil, which makes 

them very effective for detecting fatigue cracks in the near surface.  High frequency eddy current 

(HFEC) is generally considered 100 kHz and above and is used to detect near-surface flaws.  

Low frequency eddy current (LFEC) is in the 100 Hz to 10 kHz range and is used to penetrate 

deeper to detect flaws in underlying structure.  As the structure to be penetrated gets thicker, a 

lower EC operating frequency is required to reach the desired depth.  However, the detectable 

flaw size usually becomes larger as the frequency is lowered.  Eddy currents deeper in the 

material are weaker and lag in phase compared to the currents near the surface.  By measuring the 

phase, it is possible to determine whether the defect is near the surface or at the inner wall.  

Figure 96 shows an example of an impedance plane display showing phase and amplitudes of EC 

signals generated by cracks of varying depths. 
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Figure 95:  Induction of Eddy Currents in Conductive Materials 
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Figure 96:  Impedance Plane Display Showing Signal Traces for Surface Cracks of 

Different Depths (shown in mils) 
 

 

External surface inspections which may key off visible attributes such as fastener locations 

(normal origin of fatigue cracks) must now be performed blind since the doubler covers the metal 

surface.  Because eddy currents are created using an electromagnetic induction technique, the 

inspection method does not require direct electrical contact with the part being inspected.  The 

composite doubler, between the EC transducer and the metal being inspected, does, however, 

create a lift-off effect which changes the EC signal.  This lift-off effect can mask important 

aspects of flaw detection and must be counteracted by careful equipment set-up, use of suitable 

calibration standards, and experience in EC signal interpretation.  Eddy currents are not 

uniformly distributed throughout the plate; rather, they are densest at the surface immediately 

beneath the coil (transducer) and become progressively less dense with increasing distance below 
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the surface.  Thus, the inspection sensitivity through composite doublers is decreased by the lift-

off effects (equal to thickness of doubler) and associated need to inspect below the surface of the 

EC transducer.  Lower frequency probes can be used to produce a greater depth of EC 

penetration, however, this is accompanied by a loss in sensitivity versus higher frequency probes.  

Thus, the thicker the doubler, the greater reduction in crack detection sensitivity.  Therefore, EC 

inspection through composite doublers becomes a balance between signal resolution and the 

frequency required to inspect beneath a particular laminate. 

 

Structured EC testing was performed in this study in an attempt to quantify EC performance 

through composite doublers.  Both sliding and spot probes were used in this inspection series.  

Both probes are suited for this type of inspection and have the low frequencies needed to 

penetrate the doubler layer.  Figure 97 shows several of the cracked specimens, with and without 

composite doublers, which were used in this study (also see Fig. 85 for view of fatigue crack 

propagating in aluminum skin behind the doubler.  Figure 97 also shows the Nortec 1000 eddy 

current device being applied to one of the composite doubler fatigue coupon specimens along 

with photos of the two EC probes tested.   
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Figure 97:  Eddy Current Inspection Set-Up with Nortec 1000 Readout Device 

Connected to EC Spot probe or EC Sliding Probe 

 

The test series to assess crack detection in metal substructure beneath composite doublers was 

performed by placing the EC probes on an array of test specimens containing fatigue cracks.  

Structural configurations included lap splices, butt splices, and finger doubler joints.  A step 

wedge composite doubler was placed over each test specimen and EC inspections were 

performed through various thicknesses of the Boron-Epoxy laminate (step thicknesses = 0.016", 

0.031", 0.093", 0.143", 0.205", 0.251", 0.307", 0.361", and 0.470").  The laminate thickness was 

sequentially increased until the crack fell below the level of EC detectability. 

 

Figure 98 shows how the composite laminate step wedge was used to evaluate the effects of 

various lift-offs (patch thickness) on crack detection.  Figure 99 shows representative EC signals 
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from cracked structure located beneath Boron-Epoxy doublers.  Two variations are shown to 

demonstrate the ability of EC to detect both first (surface) and second (substructure) layer cracks 

in aircraft structure.  Initial testing conducted by the AANC on composite doubler specimens 

with cracks in the parent aluminum skin established the following general limits of crack 

detectability through composite doublers:  

1. a 0.060'' long first layer (surface) crack can be detected in the aluminum through a 0.310" 

thick doubler,  

2. a 0.15" length surface crack can be detected through a 0.5" thick laminate, and  

3. a 0.15" long subsurface (2nd layer) crack can be detected through a 0.310" thick doubler 

and a 0.040" thick surface plate. 
 

 

 

Figure 98:  Application of EC Probe Over a Boron-Epoxy Laminate Step Wedge - Used to 

Assess Crack Detection Beneath Composite Doublers of Different Thicknesses 

 

 

Figure 100 shows a series of EC signals corresponding to crack detection through increasingly 

thicker composite doublers.  The non-conductive composite laminate serves as a lift-off in the 

eddy current field and produces a reduction in the signal strength.  The results shown in Fig. 100 

correspond to spot probe inspections through composite laminates ranging from 3 plies (0.016” 

th.) to 79 plies (0.474” th.).  All of the signal plots indicate that crack detection can be reliably 

achieved through composite doublers.  Furthermore, crack detection signals can be obtained 

through composite doublers in excess of 100 plies and greater than 0.6” thick.  Comparisons 

were made with the baseline EC signals associated with no crack in the structure.  This is 

essentially the noise associated with the EC probe, the signal acquisition equipment, and the 

method used to deploy the transducer.  Any deviation from this signal can provide a crack 

indication.  From a reliability standpoint, the desired signal-to-noise ratio should be at least 2:1.  

The signal-to-noise ratios for the EC spot probe ranged from a low of 3:1 to a high of 22:1.   
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Figure 99:  EC signal for a) 1st layer crack through 0.085" thick doubler (15 plies) and 

b) 2nd layer crack through 0.085" thick doubler and 0.040" thick skin 
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Figure 100:  EC Signals from Spot Probe Inspection of a Fatigue Crack 

Beneath the Composite Laminate Step Wedge  
 

 

 6.3.2  Probability of Crack Detection Using Eddy Current Inspections 

 

True flaw detection performance should be measured through blind experiments where the 

inspector must make flaw calls from an assortment of cracked and uncracked rivet sites.  The 

specimen set must be statistically relevant and provide: 1) opportunities for flaw calls over the 

full range of applicable crack lengths, and 2) sufficient unflawed sites to assess the Probability of 

False Alarm (PoFA).  In order to make a valid measurement of the flaw detection capabilities of 

EC inspections through composite doublers a structured Probability of Detection (PoD) study 

was performed. 

 

The PoD study utilized a series of surface crack and subsurface crack aircraft panels.  These 

panels, which mimic a Boeing lap splice joint, contain an assortment of fatigue cracks with 

specific lengths which were carefully engineered in the upper or lower skins [37].  The primary 



 

 131 

use of these panels is in the quantitative evaluation of conventional and advanced NDI 

techniques (Probability of Detection studies).  To determine the limits of crack detectability 

through composite doublers of various thicknesses, the composite laminate step wedge described 

above was superimposed over the lap splice crack panels as shown in Figure 101.  In these 

specimens, the cracks were located in the upper rivet row of the outer skin (i.e. surface cracks). 
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Figure 101:  Test Set-Up for Detection of Surface Cracks 

Through Composite Doublers 
 

 

Surface Crack PoD - The suite of 18 lap splice panels were inspected through the following four 

laminate thicknesses: 1) 0.031" th. (5 plies), 2) 0.085" th. (15 plies), 3) 0.143" th. (25 plies), and 

4) 0.199" th. (35 plies).  Figure 102 shows the resulting PoD curves which were generated from 

the inspections on surface crack panels.  It can be seen that all cracks of 0.17" length and greater 

were found regardless of the thickness of the composite doubler.  Also, the family of curves 

follow the typical PoD trend where the performance diminishes with increasingly difficult 

circumstances.  In this case, as the doubler becomes thicker, the PoD drops off slightly.  These 

results are quite good in light of the damage tolerance requirement to find fatigue cracks beneath 

doublers before they reach 1" in length.  The EC detection capabilities corresponding to the 

standard 95% PoD goal are summarized in Table 9. 

 

The surface crack probability of detection experiment used eighteen aircraft panels with a total of 

360 rivet inspection sites (upper row of lap splice outer skin only).  Since 81 of these inspection 

sites were cracked, there were 279 opportunities for false calls.  Two false calls were made on the 

panels which were inspected without a composite doubler (0.7%) while no false calls were 

recorded during any of the inspections through the various composite doublers.  Overall, it can be 
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said that the false call rate for inspections through composite doublers in the 5 to 35 ply regime is 

less than 1%.   
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Figure 102:  Probability of Detection Curves for Eddy Current Surface Crack Inspections 

Through Different Thicknesses of Composite Doublers 

 

 

 
Composite Doubler Thickness 

(Number of Plies) 

 
Surface Crack Length at 90%  

Probability of Detection Threshold 

No Doubler 

(0 plies) 

 

0.053” 

0.031" 

(5) 

 

0.059” 

0.085" 

(15) 

 

0.091” 

0.143" 

(25) 

 

0.103” 

0.199" 

(35) 

 

0.121” 

 

Table 9:  Eddy Current Surface Crack Detection Performance  

Through Bonded Composite Doublers 
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Interlayer (Third Layer) Crack PoD -  A second PoD study was performed to assess eddy current 

crack detection of subsurface cracks through composite doublers.  The subsurface crack test 

panels were also lap splice joints with two different skin thickness sets: 1) top plate, bonded 

doubler, and bottom plate were all 0.40" thick, and 2) top plate, bonded doubler, and bottom 

plate were all 0.36" thick.  Figure 103 shows the lap spice configuration where the cracks are in 

the lower row of the inner skin (third layer).  The major difference between these specimens and 

the surface crack panels shown in figure 101 is the presence of the bonded aluminum doubler 

between the upper and lower skins.  Thus, this experiment challenged eddy current inspections to 

detect third layer cracks through either 0.80" thick material (2 layers of 0.40" thick each) or 0.72" 

thick material (2 layers of 0.36" thick each). 
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Figure 103:  Test Set-Up for Detection of Subsurface Cracks  

Through Composite Doublers 

The suite of 17 lap splice panels were inspected without a doubler in place and then again after 

placing the 0.031" th. (5 plies) doubler over the cracked panels.  Figure 104 shows the resulting 

PoD curves which were generated from the inspections on the interlayer crack panels.  The 

interlayer crack detection is shifted to the right relative to the surface crack PoD curves because 

of the added depth of penetration required for the eddy current (and the associated loss in 

resolution).  However, the curves do infer that cracks of 1” and greater can be detected in 

subsurface structures beneath composite doublers.  It should be noted that the curves were 

generated by producing a fit through the data.  There were insufficient crack detections to fully 

populate the curve and thus, portions of the curves are extrapolations using accepted PoD curve 

fitting algorithms.   

The interlayer crack probability of detection experiment used seventeen aircraft panels with a 

total of 340 rivet inspection sites (lower row of lap splice inner skin only).  Since 98 of these 

inspection sites were cracked, there were 242 opportunities for false calls.  One false call was 
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made on the panels which were inspected without a composite doubler (0.4%) and one false call 

was recorded during the inspections through the 0.031” th. composite doubler.  The number of 

cracks detected in this experiment could be higher but the penalty may be a higher number of 

false calls.   
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Figure 104:  Probability of Detection Curves for Eddy Current Subsurface Crack 

Inspections Through Different Thicknesses of Composite Doublers 

 

 

 

 

 6.3.3  X-Ray Inspection 

 

Radiographic inspection is a nondestructive method of inspecting materials for surface and 

subsurface discontinuities [38].  The method utilizes radiation in the form of either x-rays or 

gamma rays, which are electromagnetic waves of very short wavelength.  The waves penetrate 

the material and are absorbed depending on the thickness or density of the material being 

examined.  By recording the differences in absorption of the transmitted waves, variations in the 

material can be detected.  Figure 105 shows an application of X-radiography in a hangar 

environment.  The most common way of measuring X-ray transmission is with film.  After 

exposure and development, the film will become proportionally darker depending on the amount 

of radiation which reached the film.  Areas that are thinner or lower density will allow more 

radiation to pass through the part.  The greater the radiation transmitted through the part, the 

darker the film will be. 
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Figure 105:  Aircraft Fuselage Inspection for Cracks Using X-Ray 

 

 

Radiographic Sensitivity (Image Quality)  - Radiographic sensitivity is a function of two factors.  

The ability to see a density variation in the film, which is "radiographic contrast" and the ability 

to detect the image outline which is "radiographic definition."  Radiographic contrast is the 

difference in darkness of two areas of a radiograph.  If contrast is high, small defects or density 

changes will be noticeable.  Using lower power will result in higher subject contrast.  However, 

lower power requires longer exposure times to obtain the adequate film density.  If the energy 

level is too low, it will not penetrate the part at all. 

 

Radiographic Definition  - This term is defined as the ability to resolve the defect image on the 

radiograph.  It is affected by the geometric factors of the exposure: size of the radiation source 

(focal spot size), distance from the target/source to the film, and distance from the part to the 

film.  All of these factors contribute to a loss of geometric sharpness and as geometric sharpness 

decreases, the ability to see small defects decreases.   

 

Image Quality Indicators  - Image Quality Indicators (IQI) are used to measure the quality of the 

exposure and assure that proper sensitivity has been achieved.  They measure the definition of the 

radiograph.  By imaging IQI wires of various thicknesses and lengths it is possible to verify the 

resolution and sensitivity of a radiographic technique/set-up.  

 

Resolution and Sensitivity - Image Production Through Composite Doublers - The discussion 

above provides some background on X-ray inspections and difficulties associated with its use.  

All of the issues described above exist regardless of whether or not the X-ray exposure takes 
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place through a composite doubler.  The primary question to be addressed in this study was: 

What is the overall effect of a composite doubler on X-ray inspections of structure beneath the 

doubler?  To answer this question, a study was conducted to: 1) demonstrate that composite 

doublers do not interfere with the ability to perform X-ray inspections for cracks in steel, and 2) 

identify proper exposure time and power settings to optimize the sensitivity of the X-ray 

technique when inspecting through thick doublers. 

 

Several fatigue crack specimens were inspected through a 72 ply composite doubler.  To form a 

basis of comparison, X-rays were also taken without the doubler placed over the cracked 

specimens.  The specimens placed beneath the doubler included 1st layer and 2nd layer fatigue 

crack panels with crack lengths ranging from 0.05" to 1.0".  Radiography was found to be a very 

effective inspection method to interrogate the interior of the parent material covered by a 

composite doubler.  This technique provides the advantage of a permanent film record.  To 

increase the contrast on the film, the X-ray inspection was performed at low kilovoltage (80 kV).  

Test results showed the ability to detect cracks less than 1" in length.  Fatigue cracks on the order 

of 0.38" in length were found under 0.41" thick (72 ply) Boron-Epoxy doublers.  A sample X-ray 

result of a crack imaged through a 72 ply composite doubler is shown in Figure 106.  [Note that 

significant resolution is lost in translating the X-ray film to a black and white graphic.]   

 

Comparisons with X-rays taken without composite doublers revealed that while the doubler may 

darken the X-ray image slightly it does not impede the X-ray inspection.  Power and exposure 

times were adjusted in order to restore the desired contrast and maintain the specified film 

density of between 2 and 3.  The initial set-up (80 kV, 12 mA, 6 inch source-to-film-distance and 

30 second exposure time) on medium speed film produced a film density of 0.98.  Increasing the 

exposure time to 90 seconds produced a film density of 2.64.  Image Quality Indicators (IQI), 

inserted into the field of view, verified the resolution and sensitivity of the radiographic 

technique.  IQI lines with widths of 0.010" and dots with diameters of 0.10" were clearly imaged 

on the X-ray film.  These results showed that X-ray inspections are as effective as before a 

doubler is installed. 

 

X-ray Results Summary -  The X-ray tests performed in this study determined that there are no 

additional impediments brought on by the presence of composite doublers.  X-ray inspections 

were able to achieve high levels of resolution when inspecting through thick composite doublers 

and the films were very comparable with films acquired on similar structures without doublers.  

All difficulties associated with X-ray inspections - shadowing from substructure elements, 

accessibility, and safety issues - are the same as in structures without composite doublers. 
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Figure 106:  Sample X-Ray Image of a Cracked Structure  

Beneath a 72 Ply Composite Doubler 

 

 

6.4  Nondestructive Inspection Methods for Composite Doubler and Bond Integrity 

 

 6.4.1  Pulse-Echo Ultrasonic Inspection 

 

Ultrasonic (UT) inspection is a nondestructive method in which beams of high frequency sound 

waves are introduced into materials for the detection of surface and subsurface flaws in the 

material.  The sound waves, normally at frequencies between 0.1 and 25 MHz, travel through the 

material with some attendant loss of energy (attenuation) and are reflected at interfaces.  The 

reflected beam is displayed and then analyzed to define the presence and location of flaws.  The 

degree of reflection depends largely on the physical state of the materials forming the interface.  

Cracks, delaminations, shrinkage cavities, pores, disbonds, and other discontinuities that produce 

reflective interfaces can be detected.  Complete reflection, partial reflection, scattering, or other 

detectable effect on the ultrasonic waves can be used as the basis of flaw detection.  In addition 

to wave reflection, other variations in the wave which can be monitored include: time of transit 

through the test piece, attenuation, and features of the spectral response [16, 39]. 

 

The principal advantages of UT inspection as compared to other NDI techniques are: 1) superior 

penetrating power for detection of deep flaws, 2) high sensitivity permitting the detection of 

extremely small flaws, 3) accuracy in determining size and position of flaws, 4) only one surface 

needs to be accessible, and 5) portability. 
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UT Pitch-Catch Pulse-Echo Inspections - In UT pitch-catch pulse-echo inspections, short bursts 

of ultrasonic energy are interjected into a test piece at regular intervals of time.  In most pulse-

echo systems, a single transducer acts alternately as the sending and receiving transducer.  The 

mechanical vibration (ultrasound) is introduced into a test piece through a couplant and travels 

by wave motion through the test piece at the velocity of sound, which depends on the material.  If 

the pulses encounter a reflecting surface, some or all of the energy is reflected and monitored by 

the transducer.  The reflected beam, or echo, can be created by any normal (e.g. in multi-layered 

structures) or abnormal (flaw) interface.  Figure 107 is a schematic of the pulse-echo technique 

and the interaction of UT waves with various interfaces within a structure.  Sometimes it is 

advantageous to use separate sending and receiving transducers for pulse-echo inspection.  The 

term pitch-catch is often used in connection with separate sending and receiving transducers. 
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Figure 107:  Schematic of Pulse-Echo Ultrasonic Inspection and  

Reflection of UT Waves at Assorted Interfaces 

 

 

A-Scan Mode - In conventional Pulse-Echo Ultrasonics (PE UT), pulses of high frequency sound 

waves are introduced into a structure being inspected.  A-Scan signals represent the response of 

the stress waves, in amplitude and time, as they travel through the material.  As the waves 

interact with defects or flaw interfaces within the solid and portions of the pulse's energy are 

reflected back to the transducer, the flaws are detected, amplified and displayed on a CRT screen.  

The interaction of the ultrasonic waves with defects and the resulting time vs. amplitude signal 

produced on the CRT depends on the wave mode, its frequency and the material properties of the 

structure.  Flaw size can be estimated by comparing the amplitude of a discontinuity signal with 

that of a signal from a discontinuity of known size and shape.  Flaw location (depth) is 

determined from the position of the flaw echo along a calibrated time base.  In the pitch-catch UT 
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method, one transducer introduces a pressure wave into the specimen and a second transducer 

detects the transmitted wave.  A complex wave front is generated internally in the material as a 

result of velocity characteristics, acoustical impedance, and thickness.  The time and amount of 

energy is affected by the changes in material properties, such as thickness, disbonds, and 

discontinuities.  The mechanical vibration (ultrasound) is introduced into the specimen through a 

couplant and travels by wave motion through the specimen at the velocity of sound.  If the pulses 

encounter a reflecting surface, some or all of the energy is reflected and monitored by the 

transducer.  The reflected beam, or echo, can be created by any normal or abnormal (flaw) 

interface.  Complete reflection, partial reflection, scattering, or other detectable effects on the 

ultrasonic waves can be used as the basis of flaw detection.   

 

Figure 108 shows a pitch-catch UT inspection (pulse-echo mode) of a composite doubler bonded 

to an aluminum skin.  Figure 109 contains a schematic showing the pitch-catch inspection 

method and the UT wave travel within the structure during this inspection.  During testing, the 

transmitting transducer is placed on top of the composite doubler and the receiving transducer is 

placed on top of the parent steel material.  If the adhesive bond between the two articles is intact, 

the ultrasonic signal will pass unobstructed to the receiving transducer.   
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Figure 108: Ultrasonic Pitch-Catch Sensor Set-Up for Inspection of 

Composite Doubler Laminate and Bond Line 
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Figure 109:  Schematic of Ultrasonic Wave Travel in a Pulse Echo, Pitch-Catch Inspection 

of a Composite Repair Installation 
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Figure 110 contains a series of A-scan signals produced by the pulse-echo inspection of a doubler 

specimen that contained intentional, engineered flaws at discrete locations.  Changes in the A-

Scan signal (i.e. lack of reflected signal from steel back wall), caused by the presence of the 

disbond or interply delamination, are clearly visible.  Key portions of the signal in Figure 110 are 

identified to highlight how the A-Scan can be used to detect disbonds and delaminations.  The 

primary items of note are: 1) the unique signature of the amplitude vs. time waveform which 

allows the user to ascertain the transmission of the ultrasonic pulse through various layers of the 

test article and which indicate a good bond, and 2) the absence of signature waveforms indicating 

a disbond.  The thickness of the composite doubler does not significantly affect the transmission 

of the ultrasonic signal so similar flaw detection signals can be produced regardless of the 

doubler thickness.  Another important consideration is that this technique can be deployed 

quickly.  A one square foot region can be inspected in approximately 15 minutes. 
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Figure 110:  A-Scan Waveforms from Bonded and Disbonded Portions of a  

Composite Doubler Repair 
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C-Scan Mode: Use of Scanning Technology -  Disbond and delamination detection can be also 

be achieved by taking the A-Scan signals and transforming them into a single C-Scan image of 

the part being inspected.  C-Scan technology uses information from single point A-Scan 

waveforms to produce an area mapping of the inspection surface.  These 2-D images are 

produced by digitizing point-by-point signal variations of an interrogating sensor while it is 

scanned over a surface.  C-Scan area views provide the inspector with easier-to-use and more 

reliable data with which to recognize flaw patterns.  This format provides a quantitative display 

of signal amplitudes or time-of-flight data obtained over an area.  The X-Y position of flaws can 

be mapped and time-of-flight data can be converted and displayed by image processing-

equipment to provide an indication of flaw depth.  A variety of PC-based manual and automated 

scanning devices can provide position information with digitized ultrasonic signals.  Specific 

emphasis can be placed on portions of the UT signal - and highlighted in the color-mapped C-

Scan - based on user specified amplitude gates, time-of-flight values and signal waveforms.   

 

Figure 111 shows a C-scan image (based on amplitude) from a pulse-echo UT inspection of a 

thick composite doubler with engineered flaws.  The test specimen schematic is also shown to 

provide doubler lay-up information and the embedded flaws profile.  A three-dimensional 

contour plot is also shown to demonstrate another means of displaying the data and interpreting 

the results.  Disbond and delamination flaws are revealed by continuous and distinct signal loss 

areas which, depending on the color palette chosen, are either relatively bright or dark compared 

to the surrounding colors.   

 

Figure 112 is a schematic of the 6 ply composite doubler revealing the size and location of the 

implanted flaws while Figure 113 shows the C-scan image produced by an X-Y scanner system 

deployed on pulse-echo UT mode.  In the gray-scale image, the flaws are shown as the brighter 

colored areas within the dark baseline.  It can be seen that this inspection was able to detect flaws 

at a wide range of depths in a single image (see also Figs. 60, 61, 69, 70, and 75). 
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Figure 111:  C-Scan Image Produced by Selective Gating on the Amplitude of All Signals 

Received by the Transducer 
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Figure 112:  Schematic of Composite Doubler Showing Engineered Flaws 
 

 

 
 

Figure 113:  Gray-Scale C-Scan Image of 737 Doubler Produced by  

Ultra Image Scanning Device 
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6.4.2 Probability of Disbond and Delamination Detection Using  

 Pulse-Echo UT Inspections 

 

Initial qualification of a repair prior to releasing an aircraft for service is an important 

consideration as is in-service inspections of repaired flaws.  Validation efforts for the DC-10 

inspections revealed that the ultrasonic pulse-echo (dual-element pitch/catch mode) inspection 

method works well in detecting flaws and mapping out flaw shapes in composite doublers.  

Inspection procedures were written, validated, reviewed by Boeing, and incorporated into the 

Boeing NDI Standard Practices Manuals.   

 

In order to make a valid measurement of the flaw detection capabilities of the pulse-echo 

ultrasonic inspection method, a Probability of Detection (PoD) study was performed.  Flaw 

detection performance was measured through blind experiments where inspectors had no 

knowledge of the specimen flaw profiles.  A statistically relevant specimen set was used to 

provide: 1) opportunities for flaw calls over the full range of applicable flaw sizes and locations, 

and 2) sufficient unflawed sites to assess the Probability of False Alarm (PoFA).   

 

The AANC designed and fabricated a series of composite doubler specimens with the 13 ply lay-

up called out in the DC-10/MD-80 designs. The specimens contain a statistical array of 

engineered flaws and were inspected by eight different airline inspectors using the pulse-echo UT 

method.  Flaw sizes in the test specimens ranged from 0.375” diameter to 0.75” diameter.  The 

results are as follows: 98% of the flaws at or above 0.5” diameter were found.  Seventy percent 

of the flaws less than 0.5” diameter were also found.  The NDI techniques worked well with flaw 

detection including disbond and delamination flaws as small as 1/8" diameter.  Damage tolerance 

thresholds conservatively require the detection 1” diameter disbond and delamination flaws 

around the perimeter of the doublers.  Inspection intervals can be set up to allow for at least two 

inspections and two opportunities to find a flaw before it reaches the maximum allowable size.  

The outcome of this scenario can be simulated by combining the results from two different 

inspectors.  Such a combination produced the following results: 100% detection of all flaws, 

even those smaller than 0.25” in diameter, and zero false calls.  Overall, the test series described 

above clearly demonstrated that disbond and delamination flaws on the order of 0.5” to 1.0” in 

diameter can be reliably detected through thick composite doublers.   

 

Inspection Procedures and Reference Standards -  In addition to evaluating the performance of 

the pulse-echo UT inspection method, the PoD exercise allowed for an assessment of the 

inspection procedures and the NDI reference standard.  The necessary reference standard, shown 

in Figure 114, was deemed suitable by Boeing.  It provides all of the appropriate flaw scenarios 

and transducer null points in a doubler lay-up that mimics the DC-10/MD11 repair family.  

Appendix A lists the inspection procedure for the pulse-echo UT inspection techniques. 
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Figure 114:  Configuration of Boron-Epoxy Composite Doubler NDI Reference Standard 

to Support Ultrasonic Inspections 

 

 

 6.4.3  Thermographic Inspection 

 

Thermography is a nondestructive inspection method that uses thermal gradients to analyze 

physical characteristics of a structure, such as internal defects.  This is done by converting a 

thermal gradient into a visible image using a thermally sensitive detector such as an infrared 

camera.  The temperature distribution on a structure can be measured optically by the radiation 

that it produces at infrared wavelengths.  Many defects affect the thermal properties of materials.  

Examples are corrosion, disbonds, cracks, impact damage, panel thinning, and fluid ingress into 
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composite or honeycomb materials.  By the judicious application of external heat sources, these 

defects can be detected by an appropriate infrared survey.  In this composite doubler study, a 

turn-key thermography inspection system, the Thermal Wave Imager (TWI), was used to assess 

the merits of thermography to detect disbonds and delaminations in composite doublers.   

 

Thermal wave imaging is accomplished using high-power flash lamps, an infrared (IR) video 

camera, and image processing hardware and software, all of which are controlled by a personal 

computer.  The flashlamps put out a short, high-power pulse of light, which raises the surface 

temperature of the structure approximately ten degrees when it is absorbed by the surface.  This 

temperature pulse propagates into the material as a thermal wave and gets reflected by any 

defects which may be present in the material.  The resulting temperature distribution is then 

recorded by the IR camera and displayed on the computer monitor.  In practice, the computer 

actually obtains several images at progressively later times after each flash.  This method is 

particularly useful for imaging and determining the depths of disbonds and delaminations in 

Boron-Epoxy repair doublers.  A photograph of the Thermal Wave Imaging System being 

applied to an aircraft inspection is shown in Figure 115. 

 

Results from Composite Doubler Inspections - Following are results obtained from Thermal 

Wave Imaging inspections on composite doubler installations which contain engineered flaws.  

Figure 116 shows a schematic of a 13 ply composite doubler installed on a metal fatigue coupon.  

The schematic shows the disbond and crack flaws that were placed in the parent plate and 

composite doubler installation.  The series of images produced at different times during the TWI 

inspection of this test specimen are shown in Figure 117. 

 

The early time images following the flash clearly resolve the ply drop-off at the edges of 

composite patch.  Beginning at around 0.68 sec, intentionally placed disbonds between the patch 

and the metal at the left and right edges (where the patch is thinnest) begin to appear.  As time 

progresses, these disbonds begin to show in thicker and thicker layers of the patch.  Between 4 

and 8 seconds it is possible to see the circular disbond which was implanted over the crack tip 

and a "tail" extending downward along the induced fatigue crack.  The circular disbond is located 

13 plies deep in the doubler installation.  The disbond tail is also located between the 13 ply 

doubler and the skin and is associated with a cohesive fracture of the adhesive layer immediately 

adjacent to the crack growth. 

 

TWI was applied to another Boron-Epoxy doubler which was installed on a DC-9 fuselage 

section in the Sandia Labs’ FAA Airworthiness Assurance hangar.  Figure 118 shows a 

schematic of the 10 ply doubler highlighting the size, shape, and location of the embedded flaws.  

The resultant sequence of images produced by a TWI inspection is shown in Figure 119.  The 

features seen at early times are defects closest to the outside surface of the patch (note 

appearance of flaws #1 and #2 in the first few frames).  The disbonds, located at the base of the 

doubler, and the deeper delaminations appear in the later frames corresponding to their delayed 

effect on the thermal field.  All six embedded flaws were identified in the TWI images and flaws 

smaller than 0.5" in diameter could be detected.   
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(a)  Close-Up View of TWI Equipment 

 

 
 

(b)  Application of Thermography on 747 Aircraft 

 

Figure 115:  Thermal Wave Imaging System Inspecting an Aircraft 
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Figure 116:  Composite Doubler Damage Tolerance Test Coupon  

with Engineered Flaws 

 

 

The advantages of the thermography inspection method include: 1) thermography can be 

performed without physical contact with the surface, 2) single images can include relatively large 

areas (1-2 ft2) allowing for rapid inspections of large surface areas, and 3) two-dimensional 

image of the inspected surface helps the operator visualize the location and extent of any defect.  

The primary disadvantages of thermography are: 1) it is often necessary to apply a high-

emissivity coating during inspections to obtain an acceptable image; steps have been taken to 

minimize the labor time associated with this task, 2) damage to layers deep within a structure is 

more difficult to detect than damage in surface layers because the larger mass of material tends to 

dissipate the applied heat energy; preliminary experiments have shown that TWI can inspect 

doublers up to 40 or 50 plies (0.25" to 0.30") thick.   

 



 

 148 

0.08 sec

0.38 sec

0.68 sec

2.13 sec

4.27 sec

7.98 sec
 

 

Figure 117:  Sequence of Thermal Wave Images of 

Composite Doubler Specimen 
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Figure 118:  Composite Doubler Installation on DC-9 Testbed  
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Figure 119:  Sequence of Thermal Wave Images from 

DC-9 Composite Doubler Inspection 
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7.0  Structural Health Monitoring Using In-Situ Sensors 
 

7.1  Introduction 

 

Nondestructive Inspection (NDI) – examination of a material to determine geometry, damage, or 

composition by using technology that does not affect its future usefulness. 

• Involves a high degree of human interaction 

• Local, focused inspections 

• Requires access to area of interest  

• Time-based monitoring - applied at predetermined intervals 

• Portable and applied to numerous areas. 

 

Structural Health Monitoring (SHM) – “Smart Structures;” use of NDI principles coupled with 

in-situ sensing to allow for rapid, remote, and even real-time condition assessments; goal is to 

reduce operational costs and increase life of structures. 

• Allows for greater vigilance in key areas – address damage tolerance needs 

• Overcomes accessibility limitations, complex geometries, depth of hidden damage 

• Eliminates costly and potentially damaging disassembly 

• Minimizes human factors with automated sensor deployment and data analysis 

• Supports adoption of condition-based maintenance. 

 

Reliable, structural health monitoring systems can automatically process real-time data, assess 

structural condition, and signal the need for human intervention.  Prevention of unexpected flaw 

growth and structural failure could be improved if on-board health monitoring systems exist that 

could continuously assess structural integrity.  Reliable, structural health monitoring systems can 

automatically process real-time data, assess structural condition, and signal the need for human 

intervention.  Such systems would be able to detect incipient damage before catastrophic failures 

occur.  The replacement of our present-day manual inspections with automatic health monitoring 

would substantially reduce the associated life-cycle costs.  Structural Health Monitoring (SHM) 

systems using distributed sensor networks will allow for condition-based maintenance practices 

to be substituted for the current time-based maintenance approach.  Other advantages of on-board 

distributed sensor systems are that they can eliminate costly, and potentially damaging, 

disassembly, improve sensitivity by producing optimum placement of sensors with minimized 

human factors concerns in deployment, and decrease maintenance costs by eliminating more 

time-consuming manual inspections.  This chapter focuses on developments in mountable and 

embedded sensors for monitoring composite structures (composite doublers) and how they can 

be integrated into such a Structural Health Monitoring (SHM) system to guide condition-based 

maintenance activities. 
 

Whether the sensor network is hardwired to an accessible location within the aircraft or 

monitored in a remote, wireless fashion, the sensors can be interrogated easily and often, even in 

a real-time mode.  It is anticipated that the sensors will most likely be examined at discrete 

intervals; probably at normal maintenance checks.  The important item to note is that the ease of 

monitoring an entire network of distributed sensors means that structural health assessments can 

occur more often, allowing operators to be even more vigilant with respect to flaw onset.  Figure 
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120 depicts a sensor network deployed on an aircraft to monitor critical sites over the entire 

structure.  Specific SHM methods and sensors, that can address the inspections needs of 

composite doubler repairs, were investigated in this study.  Following is a description of the 

SHM approaches and their ability to monitor composite repairs in the field. 
 

 

Figure 120:  Depiction of Distributed Network of Sensors to Monitor Structural Health 

 

 

7.2  Piezoelectric Transducers (PZT) 

 

Prime candidates for sensors based on active-material principles utilize thin piezoelectric wafers 

of 0.125”-0.25” diameter with thicknesses of 0.010” - 0.030”.  They can be easily attached to 

existing aging structures without changing the local and global structural dynamics [40-42].  PZT 

sensors can also be embedded inside composite structures to closely monitor for internal flaws.  

These sensors can act as both transmitters and receptors.  As transmitters, piezoelectric sensors 

generate elastic waves in the surrounding material.  As receptors, they receive elastic waves and 

transform them into electric signals.  It is conceivable to imagine arrays of active-sensors, in 

which each element would take, in turn, the role of transmitter and receptor, and thus scan large 

structural areas using ultrasonic waves.  The structural interrogation strategies using active 

piezoelectric sensors are two fold: 

(a) For local area detection, the electro-mechanical (E/M) impedance method is applied to detect 

changes in the point wise structural impedance resulting from the presence and propagation 

of structural damage.  

(b) For large area detection, wave propagation techniques using Lamb and Love waves methods 

are used to identify zones in the monitored area that have undergone changes in their 

structural integrity. 

 

In the high-frequency E/M impedance approach, pattern recognition methods are used to 

compare impedance signatures taken at various time intervals and to identify damage presence 

and progression from the change in these signatures.  In the Lamb/Love waves approach, the 

acousto-ultrasonic methods identifying changes in transmission velocity, phase, and additional 

reflections generated from the damage site are used.  Both approaches can benefit from the 

addition of artificial intelligence neural network algorithms that can extract damage features 

based on a learning process.  
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Mountable PZT Networks and Lamb Wave Interrogation Methods - This structural health 

monitoring approach uses a built-in network of piezoelectric transducers embedded in a think 

dielectric carrier film.  The SHM system included the PZT network connected to portable, 

diagnostic hardware and software developed by Acellent Technologies, Inc.  The system 

performs in-situ monitoring, data collection, signal processing, and real-time data interpretation 

to produce a two-dimensional image of the structure being interrogated.  The Acellent software 

instructs the actuators to generate pre-selected diagnostic signals and transmit them to 

neighboring sensors.  Multiple diagnostic wave types can be generated including 3-peak, 5-peak, 

and 10-peak narrow band frequency waveforms, chirp, random, and user defined excitations.  

The software links each sensor with its neighbors to form a web, or network, covering the 

structure.  The system then collects the total set of responses from each of the sensor sets as each 

PZT takes its turn as the actuator.  Changes in the Lamb waves generated within the structure are 

used in concert with triangulation methods to detect the presence of structural anomalies and to 

determine the size and location of the flaws.   

 

Damage Identification through Elastic Wave Propagation -  The wave propagation approach uses 

the pitch-catch method for detecting damage in a structure.  Acousto-ultrasonic methods are used 

to identify changes in wave transmission.  Figure 121 shows some of the wave motion from 

sensors (1) and (9) when they are used as the source of excitation for the structure.  The 

mechanical vibration is introduced into the structure by the PZT element and travels by wave 

motion through the test piece at the velocity of sound, which depends on the material.  If the 

pulses encounter a reflecting surface, some or all of the energy is reflected and monitored by 

adjacent PZT sensors in the network.  The reflected beam, or echo, can be created by any normal 

(e.g. in multi-layered structures) or abnormal (flaw) interface.  Figure 121 highlights the 

interaction of the UT waves with a flaw within the structure.  The degree of reflection depends 

largely on the physical state of the materials forming the interface.  Cracks, delaminations, 

shrinkage cavities, pores, disbonds, and other discontinuities that produce reflective interfaces 

can be detected.  Complete reflection, partial reflection, scattering, or other detectable effects on 

the ultrasonic waves can be used as the basis for flaw detection.   

 

Figure 121:  Flaw Detection Using the Wave Propagation Method 
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Validation Testing of PZT Sensor Network - In this test series, the network of PZT sensors was 

deployed to assess bonded joints and crack growth in a composite doubler repair installation.  

Figure 122 shows a schematic and photos of the Boron-Epoxy laminate repair on a metal parent 

structure along with the set of PZTs distributed over the structure to be monitored.  Note that the 

network of sensors/actuators is embedded in a custom polyamide film to allow for accurate 

placement of the network and eliminating the need for each sensor to be installed individually.  

The test specimen, containing engineered disbonds and a central crack, was subjected to 

constant-amplitude fatigue loads with maximum stresses in excess of 80% of yield levels.   

 

Similar to conventional ultrasonic testing, the PZT data analysis can include one or more of the 

following measurements: time of wave transit (or delay), path length, frequency, phase angle, 

amplitude, and angle of wave deflection (reflection and refraction).  In this test series, the pitch-

catch method studied the transmission of sound waves as they traveled from each actuator to all 

other receiving sensors.  The sum total of received beams were then analyzed to define the 

presence and location of flaws.  In order to optimize flaw detection, a series of excitation 

frequencies were used: 50 KHz, 200 KHz, 350 KHz, and 500 KHz.  Overall test results revealed 

that disbond flaws were most strongly detected with the lower, 50 KHz excitation while the crack 

growth was monitored best with the highest, 500 KHz excitation.  Figure 123 shows raw PZT 

response data produced during the Lamb wave interrogation method.  Signal attenuations, 

corresponding to disbonds between the laminate and parent skin, are apparent.  When all of the 

signals are analyzed with the Acellent imaging software and flaw locations are determined by 

using the time base and triangulation methods, a two dimensional image of the disbond flaws 

was produced.  Figure 124 shows the engineered disbonds in the test specimen along with the 

image produced by the PZT sensor network.  Note that both disbond flaws were clearly imaged 

even though one is a weak bond produced by a mold release agent and one is a complete disbond 

produced by a Teflon insert. 
 

 

Figure 122:  Set of Piezoelectric Sensors Used to Monitor Crack Growth and Disbonds in a 

Composite Doubler Bonded to a Metal Plate 

Structural 
Damage

Metal 

“Parent”

Structure

Applied Stress

σσσσ

σσσσ Multi-Ply Boron-

Epoxy Doubler

Piezoelectric 
Sensors

Structural 
Damage

Metal 

“Parent”

Structure

Applied Stress

σσσσ

σσσσ Multi-Ply Boron-

Epoxy Doubler

Piezoelectric 
Sensors

Piezoelectric Sensors

Structural 
Damage

Metal 

“Parent”

Structure

Applied Stress

σσσσ

σσσσ Multi-Ply Boron-

Epoxy Doubler

Piezoelectric 
Sensors

Structural 
Damage

Metal 

“Parent”

Structure

Applied Stress

σσσσ

σσσσ Multi-Ply Boron-

Epoxy Doubler

Piezoelectric 
Sensors

Piezoelectric Sensors

Structural 
Damage

Metal 

“Parent”

Structure

Applied Stress

σσσσ

σσσσ Multi-Ply Boron-

Epoxy Doubler

Piezoelectric 
Sensors

Structural 
Damage

Metal 

“Parent”

Structure

Applied Stress

σσσσ

σσσσ Multi-Ply Boron-

Epoxy Doubler

Piezoelectric 
Sensors

Piezoelectric Sensors



 

 155 

 
 

 

Figure 123:  Sample Signals Observed by PZTs During 50 KHz Lamb Wave Interrogation 

Showing the Attenuation Corresponding to Disbonds in the Structure 
 
 
 
 

 

Figure 124:  Color-Coded Image of Disbond Flaws Produced by the PZT Sensor Network 
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Crack detection and growth was monitored using the same approach.  PZT data was acquired at 

discrete intervals during the crack growth process.  In addition, eddy current and microscopic 

inspections were conducted to measure the crack lengths at each cycle count.  Figure 125 shows 

PZT response signals before and after crack growth occurred into the sensor path.  A set of 

images produced by the PZT network are shown in Figure 126.  The crack growth (two fatigue 

cracks emanating from a central hole) can be clearly seen.  The PZT crack growth data was 

analyzed further to produce crack length predictions.  The Acellent software contains an 

algorithm that allows for system learning.  After inputting several crack lengths to match with the 

PZT data at discrete fatigue intervals, it was possible for the system to predict all subsequent 

crack lengths using the PZT data alone.  Table 10 compares the crack lengths predicted by the 

PZT sensor network with the crack lengths determined from eddy current and microscopic 

measurements.  The PZT predictions were all within 5% of the actual crack lengths for data taken 

at max load (34 kips) and, for the most part, within 10% of actual values for PZT data taken in 

the unloaded condition. 
 
 

 

Figure 125:  Sample PZT Signals Showing the Indication of a Fatigue Crack with a 

500KHz Excitation 
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Figure 126:  Color-Coded PZT Images Showing Crack Growth 

 

 

Table 10: Comparison of Crack Lengths Predicted by PZT Sensors with Actual Crack 

Lengths Measured Using Eddy Current and Microscopic Methods 

0 0.00

26,218 0.32 PZT Learning Data PZT Learning Data

47,000 0.70 PZT Learning Data PZT Learning Data

67,000 1.50 1.274 1.385

87,000 2.44 1.956 2.367

0 0.00

19252 0.16 PZT Learning Data PZT Learning Data

29274 0.32 PZT Learning Data PZT Learning Data

38064 0.48 PZT Learning Data PZT Learning Data

51576 0.80 PZT Learning Data PZT Learning Data

60438 1.08 0.981 1.099

66439 1.34 1.35 1.349

76444 1.76 1.567 1.762

82446 2.02 1.909 2.08

Composite Doubler with PZT Health Monitoring

Specimen 2 - Composite Doubler with Disbond Flaws

Specimen 1 - Unflawed Composite Doubler 

Estimated Crack 

Length from PZT 

Sensor Data         

(34 kips load)

Estimated Crack 

Length from PZT 

Sensor Data           

(0 lbs. load)

Fatigue Cycles

Measured 

Total Crack 

Length

87K Cycles

Fatigue Cracks 
on Each Side 
of Center Hole 
Imaged by PZT 

Sensors

67K Cycles47K Cycles

17K Cycles0K Cycles

87K Cycles

Fatigue Cracks 
on Each Side 
of Center Hole 
Imaged by PZT 

Sensors

67K Cycles47K Cycles

17K Cycles0K Cycles



 

 158 

 

7.3  Fiber Optic Sensors 

 

Rapid growth in the optoelectronics and telecommunications industries has resulted in the 

evolution of highly-sensitive fiber optic sensors.  Fiber optic (FO) sensors have been developed 

for a wide variety of applications including the measurement of rotation, acceleration, vibration, 

strain, temperature, pressure, electric and magnetic fields, moisture, and humidity.  Fiber optic 

sensors are light weight, low profile (typically 145 microns in diameter with a polyimide 

coating), are corrosion resistant, and multiple sensors are easily multiplexed into a single fiber.  

These factors make them ideal for embedding in or surface mounting on composite and metallic 

structures without affecting structural performance.  Other advantages of fiber optic sensors 

include their high sensitivity, wide bandwidth, EMI resistance, low power requirements, and 

environmental ruggedness.  Fiber optic sensors can also be configured to monitor crack growth 

and corrosion in civil and aerospace structures [43-45].  Omni-directional fiber optic sensors can 

be used to measure large strains (up to 150% strain), small displacements (10 µm range), and 

crack growth in any material.  The major disadvantages include their high cost, mechanical frailty 

(during handling stage) and unfamiliarity to the end user.  The introduction of low-cost laser 

diodes, the alternative use of LEDs as light sources, and the development of inexpensive, single 

mode optical fibers have greatly reduced the costs associated with deploying FO sensors. 

 

Information about the environment to which a fiber optic is exposed can be inferred by analyzing 

the guided light transmitted through the optical filaments.  In this approach the entire length of 

the fiber acts as a continuous sensor.  The fiber can be mounted in a serpentine path or fiber optic 

tentacles can be created to provide full coverage over a large area of concern.  The presence of a 

crack can be determined by monitoring changes in the magnitude and phase of the returned light 

in the fiber.  Optical time domain reflectometry can then be applied to determine the exact 

location of the crack.  Fiber optic sensors can also aid in the detection of structural corrosion. 

Sacrificial corrosion sensors can be mounted on the end face of the fiber optic.  These sensors are 

designed to corrode at the same rate as the parent material to which they are mounted.  

Degradation in these sensors, and thus the parent structure, can be calibrated to changes in the 

intensity of the reflected light within the fiber optics.  Further refinements in the packaging, 

attachment and monitoring hardware are needed to allow fiber optic crack and corrosion sensors 

to be rapidly deployed in structural health monitoring applications. 

 

Optical Fibers as Uniaxial Sensors - Fiber optics work on the principle that light can be guided 

by an interface between materials of different indices of refraction.  The components of a fiber 

optic line consist of a core with a higher index of refraction surrounded by a cladding with a 

lower index of refraction.  The fiber is made mostly of silicone dioxide (SiO2), with the core 

containing germanium dopants.  The dopants in the core create a differential in the index of 

refraction between the core and the cladding.  These differences in the index of refraction in the 

core and the cladding cause light to be guided through the core.  To better protect the fiber, a 

Polyimide coating around the cladding is used.  Fiber optic sensors (core and cladding) are 80 

µm - 120µm in diameter which is about the size of a human hair.  With the protective coating 

added, the fiber is approximately 125 - 150 µm in diameter.   
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If a short wavelength light is used to illuminate the core region of the fiber, the core material is 

rearranged to produce an increase in the index of refraction in that region.  A quartz phase mask 

can be used, as in Figure 127, to image an interference pattern through the side of the optical 

fiber.  This results in a localized periodic index of refraction modulation along the length of the 

optical fiber (sensor grating).  A typical sensor grating consists of thousands of grating lines with 

approximately 0.5 micron spacing.  The mask shown in Figure 127 controls the laser exposure to 

induce a customized interference pattern on the optical core.  This fiber grating can then be used 

to measure strain since axial stretching or compression of the fiber will change the grating period 

and, thus, the peak wavelength reflected back from the sensor.  When the fiber grating is 

illuminated by a broadband light source or a tunable laser source the fiber grating will reflect a 

narrow band of light corresponding to its period.  The reflected light will be centered in a narrow 

band at the Bragg wavelength according to the relationship: 

 

 λB = 2neΛ (16) 

 

where ne is the effective index of refraction at the core of the fiber and Λ is the grating line 

spacing.  Measuring the shift in wavelength of light reflected back from the grating can thus be 

used to determine strain or temperature changes.  If strain is applied to the Fiber Bragg Grating, 

the resonant reflected wavelength λB will shift by an amount ∆λB given by: 

 

 ∆λB /λB = (1-Pε)ε (17) 

 

where Pε is the photoelestic constant for the fiber core.  By tracking ∆λB it is possible to 

accurately measure strain levels in the structure. 
 

 

Figure 127:  Process to Install a Fiber Grating onto an Optical Fiber Using a Short 

Wavelength Laser in Combination with a Phase Mask 
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in residual stress introduced during the fiber draw (manufacture).  This stress results in a slight 

change in the index of refraction along two mutually orthogonal directions (termed the 

polarization axes).  This creates two spectral peaks for each optical grating written into the 

optical fiber, one associated with each polarization axis.  By measuring the wavelength of these 

peaks it is possible to generate two equations in two unknowns effectively allowing two 

environmental parameters (in this case, two strain tensors) to be monitored.   

 

For this type of fiber grating strain sensor, a single fiber grating results in two distinct spectral 

peaks.  These peaks correspond to each of the polarization axes of the polarization preserving 

fiber, which differ slightly in index of refraction.  Two spectral reflection peaks, corresponding to 

the effective fiber gratings along each birefringent (polarization) axis, will move apart or together 

uniformly providing a means to measure transverse strain.  This results in the two major spectral 

peaks moving apart or together.  Each of the two spectral peaks maintains its original unloaded 

profile.  Figure 128 shows how changes in the spectral output from birefringent fiber gratings can 

be used to measure both axial and transverse strain.  When the fiber is loaded transversely, the 

relative index of refraction of the polarization axes of the fiber changes and the net result is that 

the difference in wavelength between the spectral peaks changes as well (peak-to-peak separation 

changes).  When the fiber is strained axially, the fiber elongates or compresses, changing the 

fiber grating spectral period.  As a result the output spectrum shifts to longer or shorter 

wavelengths, respectively.   
 

 

Figure 128:  Change in Spectral Reflection of a Multi-Axis Fiber Grating Strain Sensor 

When Subjected to Axial and Transverse Loads 
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with an optical spectrum analyzer. By peak-fitting the spectrum and applying wavelength-to-

strain conversion coefficients it is possible to obtain strain values.  Multiplexing large numbers 

of high reflectivity fiber gratings can be limited by shading effects wherein gratings with nearby 

wavelengths are permitted to operate in the same wavelength space such that their spectra may 

become confused.   
 

An approach to conducting high density multiplexing while avoiding shading effects is to use 

Optical Frequency Domain Reflectometry (OFDR) to characterize low reflectivity fiber grating 

strain sensors [43, 46].  This method employs a tunable light that is used to scan a low-

reflectivity fiber grating.  A Fourier transform of the detector signals will give the locations of 

each fiber-grating sensor.  With the knowledge of the sensor locations, the detector signal can be 

passed through narrow band frequency filters in order to separate out spectral information from 

individual grating sensors, even if the sensors occupy the same wavelength space.  The OFDR 

approach was used in the tests described below to interrogate the FBG sensors and calculate the 

axial and transverse strains as a function of grating position along the fiber. 

 

Use of Fiber Optic Strain Measurements to Monitor Cracks and Disbonds - The sensors consisted 

of long chirped Fiber Bragg gratings (FBG) in polarization maintaining fiber.  For chirped 

gratings, the line width function varies linearly with grating length.  Thus, for a chirped grating, 

the wavelength of light which is reflected from the grating is a function of grating position.  This 

allows the FBG to have an extremely long gage length such that strain gradients over long 

distances of the fiber can be measured.  A scanning laser interferometer was used to readout the 

grating period as a function of grating position.  Both strain along the fiber axis and the 

differential transverse strain could be deduced from the grating period.   

 

The test specimens, similar to the ones shown in Figure 122 and 124, were cycled in tension to 

grow cracks and disbonds while the sensors were monitored.  To implant disbonds, a Teflon 

insert was placed in the bond line at one location and a mold release agent was applied in a 

controlled region to produce a weak bond in another location.  Figure 129 shows the overall 

design of the instrumented test specimen and placement of the FBG sensors within the bondline 

between the composite laminate repair and the parent metal structure.  The objectives of the tests 

were to: 1) show that these sensors could be successfully installed into the specimen bond line 

and survive the cure process, 2) demonstrate that the distributed strain profile along the gratings 

could be measured, and 3) prove that the distributed axial and transverse differential strain 

profiles could be used to track the presence and location of flaws.  The test article was subjected 

to extreme fatigue loads (peak loads = 80% of yield) to rapidly grow fatigue cracks from notches 

placed in each side of a center hole in the metal.   

 

A series of 110 mm long FBG were embedded into the bond lines between the metal panel and 

the boron fiber composite doublers.  Gratings A and C were routed between the plate and 

adhesive across the doubler end (and across the Teflon insert), while gratings B and D were 

routed in a parabolic path roughly parallel to the long axis of the doubler.  The optical fiber was 

taped down to the steel surface prior to the application of the adhesive and the doubler and 

survived the high temperature (225oF) and vacuum bag process used to bond the composite 

doubler to the metal plate.  The gratings were purposely oriented so that the polarization axes of 
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the fiber were oriented at 45 degrees to the plane of the metal panel as shown in Figure 130.  This 

orientation gave the sensor sensitivity to changes in shear in the bond line between the doubler 

and the panel.   
 

 

Figure 129:  Fiber Bragg Grating Sensor Layout and Engineered Flaws in 

Bonded Composite Repair Test Specimens 

 
 
 

 

Figure 130:  FBG Sensor Embedded in Adhesive Layer with Polarization Axis of Grating A 

Oriented for Maximum Sensitivity to Bondline Shear Strain 
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Figure 131 shows a close-up of the FBG sensors, and associated end connectors, as they enter 

and exit the bondline of the test specimen.  Typical data acquisition equipment used to monitor 

the FBG sensors is also pictured.  During the course of the structural tests, the cyclic loading was 

periodically paused to allow the grating sensors to be interrogated.  At these intervals, crack 

lengths were measured using eddy current and optical magnification methods.  The presence of 

disbonds was monitored using hand-held ultrasonic pulse-echo inspections.  Strain gage readings 

were acquired for comparison to FO strain measurements and to monitor the overall performance 

of the composite doubler repair. 
 
 

 

Figure 131:  Fiber Optic Sensors in Adhesive Bondline and FO Monitoring Equipment 

 

 

Figure 132 contains sample results from the FBG sensors (sensors B & D) as they monitored 

fatigue crack growth.  Both plots show the strain distribution along the sensors as a crack tip 

approaches.  The plot on the left shows the strain levels produced by the crack when there was no 

load on test specimen 1.  Specimen 1 contained a central crack but no disbond flaws.  Note that 

the strain levels are close to 0 µε in regions away from the cracks in the center of the plate.  The 

plot on the right shows the strain levels along the axis of sensor B when specimen 2 was loaded 

to its maximum tension load of 34,000 lbs.  A similar strain profile is observed, however, the 

strain levels produced away from the center cracks is now 1000 µε.  Normal stress-strain 

calculations determined that the maximum strain in the plate at 34,000 lbs. load was 1000 µε.  In 

addition, strain gage readings in the uniform strain region away from the cracks were between 

950 µε and 1020 µε.  Data such as this demonstrated the accuracy of the strain levels obtained 

from the FBG sensors.   

 

As the cycle number increased and the crack propagated further out from the center of the panel, 

the strain near the center position of the grating started to rise dramatically.  At 63,000 and 

67,000 cycles the strain at the 45 mm point in Sensor B (right side plot) finally falls to 0 as the 

crack passes through the fiber and relieves the strain in that portion of the sensor.  Although the 

FBG sensors were 0.5” or further away from the crack tip, significant and localized strain 

changes were observed near the center of the sensors with less than 0.100” crack growth. 



 

 164 

 

 
Figure 132:  Strain Distribution Along Sensors B and D Determine Strain Levels in the Specimen 

and Indicate Crack Growth During Fatigue Testing 

 

 

Sensors A and C were used to interrogate the bondline along the edge of the test specimens.  As 

shown in Figure 129, these edges contain the tapered portion of the doubler and are critical, high 

shear strain areas because the majority of the load transfer into the composite repair occurs here.  

As a result, it is important to monitor the taper region for disbonds.  Since the fibers containing 

sensors A and C run across the width of the bondline (perpendicular to the direction of load), the 

shear strain component provided the best measure for identifying disbonds.  Figure 133 shows 

the shear strain distribution along sensor A while the specimen was under load.   

 

Note the 1000 µε level across most of the taper region (from 1185 mm to 1235 mm where the 

bond line is intact).  As observed in the sensor B data above, the maximum strain of 1000 µε in 

the direction of the load is confirmed by sensor A.  However, in the region of the disbond 

produced by the Teflon insert, the shear strains are almost 0 indicating the presence of an 

extreme strain relief (i.e. disbond eliminates load transfer into doubler in this region).  This plot 

indicates that the disbond extends from the 1160 mm position to the 1185 mm position correctly 

predicting the size of the one inch (25 mm) Teflon insert. 
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Figure 133:  Shear Strain Levels Monitored by Sensor A Indicating the Presence of a 

Disbond 
 

 

7.4  Deployment of Health Monitoring Sensor Networks 
 

Distributed sensor networks can be deployed in any of the three approaches listed below.  These 

options are listed in the order of increasing complexity, however, less labor is required to monitor 

the systems as they become more complex. 

 

1. In-Situ Sensors Only – The sensors are the only items permanently installed on the 

structure.  At the desired inspection intervals, power, signal conditioning, and data 

acquisition electronics are manually transported to the structure to be monitored.  The 

sensors are linked to the monitoring electronics via an electrical connector and flaw 

detection is completed by an inspector at the site. 

2. Sensor Network with In-Situ Data Acquisition – In this system, miniature, packaged 

electronics is also placed in-situ with the sensor network.  The electronics contains the 

necessary power, memory and programmable circuitry for automated data logging.  The 

data is periodically downloaded to a laptop through manual hook-ups at the site. 

3. Sensor Network with Real-Time Data Transmission to a Remote Site – This approach is 

similar to item #2 with the addition of a telemetry system that allows for continuous, 

wireless transmission of data to a remote site.  A web site can be programmed to 

interrogate critical aspects of the data and use pre-set thresholds to provide continuous 

green light/red light information regarding the health of the structure.  The web site can 

even be programmed to automatically send an e-mail to maintenance personnel if the 

condition monitoring process indicates the need for repairs or other maintenance.  In this 
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mode of operation it may be desirable to incorporate interface electronics to condition the 

signals and analyze data in-situ.  This eliminates the need to transmit larger raw data files. 

 

The latter approach allows for true condition-based maintenance in lieu of maintenance checks 

based on time of operation.  A series of expected maintenance functions will already be defined, 

however, they will only be carried out as their need is established by the health monitoring 

system.   The use of condition-based maintenance coupled with continuous on-line structural 

integrity monitoring could significantly reduce the cost of inspection, maintenance, and repair.   

 

7.5  Overall Assessment of SHM for Aircraft and Composite Doubler Health Monitoring 

 

Detection of unexpected flaw growth and structural failure could be improved through the use of 

on-board health monitoring systems that could continuously assess structural integrity.  Such 

systems would be able to detect incipient damage before catastrophic failures occur.  Local 

sensors, such as the ones described in this paper, can be used to directly detect the onset of crack, 

corrosion, or disbond flaws.  Whether the health monitoring approach is local or global, the key 

element in a SHM system is a calibration of sensor responses so that damage signatures can be 

clearly delineated from sensor data produced by unflawed structures.   

 

This section focused on local flaw detection using embedded sensors.  While some of these 

leave-in-place sensors are able to produce wide area inspections, their use is predicated on the 

identification of primary flaw regions to be monitored.  The ease of monitoring an entire network 

of distributed sensors means that structural health assessments can occur more often, allowing 

operators to be even more vigilant with respect to flaw onset.  When accessibility issues are 

considered, distributed sensors systems may also represent significant time savings by 

eliminating the need for component tear-down.  In addition, corrective repairs initiated by early 

detection of structural damage are more cost effective since they reduce the need for subsequent 

major repairs.  Aerospace structures have one of the highest payoffs for SHM applications since 

damage can quickly lead to expensive repairs and aircraft routinely undergo regular, costly 

inspections. 

 

In general, SHM sensors should be low profile, lightweight, easily mountable, durable, and 

reliable.  To reduce human factors concerns with respect to flaw identification, the sensors 

should be easy to monitor with minimal need for users to step through additional data analysis.  

For optimum performance of the in-situ sensor based approaches, the signal processing and 

damage interpretation algorithms must be tuned to the specific structural interrogation method.   

 

This section has highlighted the ability of various sensors to detect common flaws found in 

composite and metal structures with sensitivities that often exceed current flaw detection 

requirements.  These sensor systems range in maturity from laboratory-based prototypes to 

turnkey systems that appear ready for aircraft use.  Ongoing, focused validation programs at the 

AANC – conducted jointly with aircraft manufacturers and airlines - seek to integrate SHM 

sensors into aircraft maintenance programs.  These evaluations are incorporating both cost-

benefit analyses, as well as statistically-derived performance reliability numbers. 
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8.0  PILOT PROGRAM WITH FEDERAL EXPRESS –  

REPAIR OF DC-10 AND MD-11 WIDEBODYAIRCRAFT 
 

 

8.1  Background on Pilot Program at Federal Express Aircraft Maintenance Depot 

 

The Pilot Program for the DC-10 fuselage repairs consisted of a series of on-aircraft, composite 

doubler installations.  The repairs were closely monitored for one year and inspections are 

continuing every D-check thereafter.  During the first year of operation, the doublers were 

inspected at 60 day, 6 month, and one year intervals.  A quality assurance inspection was also 

conducted immediately after each repair was installed.  Extensive testing, along with flight 

history data on flying composite doublers, has shown that if a composite doubler installation 

survives its first 6 months to 1 year of operation without any flaw growth, then a good 

installation has been achieved and little or no flaw growth is expected over the doubler's lifetime.  

All aspects of the DC-10/MD-11 composite doubler repair program were approved via an 8110-3 

form with appropriate sign-off from a Boeing Designated Engineering Representative.  This pilot 

program placed a series of composite doublers on FedEx aircraft to repair fuselage skin damage 

in accordance with the Boeing ROD drawing 11-98-11-09-007 [47].  The accompanying set of 

drawing notes used to guide the installation process is contained in Appendix B. 

 

An infrastructure for supporting routine use of composite doublers was demonstrated at the 

Federal Express LAX maintenance facility.  The family of composite doubler repairs were laid 

up in advance in order to be quickly available for repairs.  Composite doubler installation job 

cards were prepared from Engineering Authorization (EA) documents produced by FedEx 

engineers.  Specialized training for composite shop and NDI shop personnel was completed to 

allow workers to properly carry out each job card.  All composite doublers installed during the 

Pilot Program were closely monitored by frequent inspections to accumulate flight performance 

history and to validate the entire repair process as implemented by a commercial carrier.  This 

approach demonstrated to the FAA that composite doubler repair technology can be safely 

transferred to industry. 

 

 

8.2  Summary of FedEx Aircraft Repairs 

 

In total, eight composite doubler repairs were installed on seven aircraft in the FedEx fleet.  No 

access to the inside structure was required for any of the repairs.  After over seven years of 

operation, and multiple in-service inspections, none of the repairs have experienced any 

problems and all are acquiring successful flight history to increase confidence in this advanced 

repair technology.  Table 11 summarizes the aircraft that were included in this Pilot Program, the 

fuselage repair locations and the installation process (PANTA or Sol-Gel) used to install the 

composite doubler. 

 

Aircraft 056 and 058 - The Pilot Program was launched in 2000 when two repairs were installed 

on DC-10 skin damage.  Fuselage damage was repaired on aircraft 056 and 058 in the areas 

shown in Figures 134 and 135.  The figures show approximate locations for the doublers which 
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actually crossed a number of substructure elements such as stringers and frames.  Figures 136-

141 show the damage locations, several of the installation steps and a completed fuselage repair.  

At the top of the photo in Fig. 141 is a witness coupon that is part of the quality assurance check 

for every doubler installation.  The witness coupon is an aluminum strip that is bonded to the 

prepared surface alongside the composite doubler.  After curing, the witness strip is pried off 

with a wedge.  If the adhesive is found on both the coupon and the fuselage skin, then the surface 

preparation is good.  The full strength of the adhesive is assured since the failure mode was 

cohesive failure (fracture) rather than adhesive failure (disbond).  The pitch-catch ultrasonic 

inspection of the composite doubler on the aircraft is shown in Figure 142. 

 

 

 

Aircraft 

Registry 

Number 

 

Aircraft 

Hours/Cycles 

 

Repair Location 

 

Date of 

Repair 

 

Installation 

Process 

 

Figures 

 

N68056 

 

54,984/25,075 

FS 495-515 

@ Long. 39-40; 

Fuselage R/H Side 

 

July 2000 

 

PANTA 

 

134-142 

 

N68058 

 

41,888/20,420 

FS 1059 – 1079 @ 

Long. 25-26; 

Fuselage R/H Side 

 

July 2000 

 

PANTA 

 

134-142 

 

N384FE 

 

 

61,561/23,874 

FS 2234 -2239 

@ Z = 39; 

Tailcone R/H Side 

 

Mar. 2001 

 

PANTA 

 

143-146 

 

N375FE 

 

72,763/28,681 

FS 1902 - 1921 

@ Long 30-32; 

Fuselage R/H Side 

 

Oct. 2001 

 

PANTA 

 

147-151 

 

N10060 

 

43,327/15,560 

FS 1000 

@ Long 35-36; 

Fuselage L/H Side 

 

Jan. 2002 

 

PANTA 

 

152-153 

 

N10060 

 

43,327/15,560 

FS 2234 -2239 

@ Z = 39; 

Tailcone R/H Side 

 

Jan. 2002 

 

PANTA 

 

152-153 

 

N395FE 

 

70,085/28,393 

FS 1019 – 1039 @ 

Long. 36-37; 

Fuselage R/H Side 

 

May 2003 

 

Sol-Gel 

 

154 

 

N566FE 

 

65,685/22,044 

FS 735 – 755 @ 

Long. 41-42; 

Fuselage L/H Side 

 

March 2004 

 

Sol-Gel 

 

155 

 

Table 11:  Summary of the Aircraft Included in the Composite Doubler 

Pilot Program with Federal Express 
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Figure 134:  Composite Doubler Repair Location on Aircraft 056 
 

 

 

Figure 135:  Composite Doubler Repair Location on Aircraft 058 

 



 

 170 

 

 
 

Figure 136:  Repair Location on Aircraft 056 Figure 137:  Repair Location on Aircraft 058 

  Adjacent to Nose Gear  Right Side Forward of Wing 

 

 
 

Figure 138:  Scotch Brite Abrasion for Water - Figure 139:  Application of Epoxy Adhesive  

  Break Free Surface Filler to Impact Damage 

 

 
 

Figure 140:  Monitoring Temperature and Figure 141:  Completed Composite Doubler 

 Vacuum During Cure Cycle Repair; QA Witness Coupon at Top 
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Figure 142: Pitch-Catch Ultrasonic Inspection of Aircraft 058 Composite Doubler  

 

 

Aircraft 384 - Figure 143 shows the repair region on the right hand side of the tailcone between 

station 2234 and 2239 at Z=39.  The tailcone repair is of particular interest because it produced 

performance history for a composite doubler located in a sonic fatigue area near the aft engine.  

Figures 144-146 show the installation process, the completed fuselage repair, and the inspection 

process, respectively.   

 

 

 

 

Figure 143:  Composite Doubler Repair Location on Aircraft 384 Tailcone 
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  Figure 144:  Doubler Cure Cycle on Tailcone Figure 145:  Completed Tailcone Composite  

 Doubler Repair 

 

 
 

Figure 146: Pitch-Catch Ultrasonic Inspection of Aircraft 384 Composite Doubler  
 

 

Aircraft 375 - Fuselage damage was repaired on aircraft 375 in the area shown in Figure 147.  

The doubler crossed two stringers and the first frame aft of the cargo door.  A description of the 

damaged area location is as follows: R/H side of fuselage between station 1902 and 1921; 

between LG 17R and 18R; approximately 26" aft of center cargo door. 

 

Several of the installation steps are shown in Figures 148 and 149.  No access to the inside 

structure was required for this repair.  Figures 150 and 151 show the completed fuselage repair 

and a close-up of the pitch-catch ultrasonic inspection, respectively. 
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Figure 147:  Composite Doubler Fuselage Repair Location on Aircraft 375 

 

 

 

 

Figure 148:  Surface Prep - Phosphoric Figure 149:  Positioning Composite Doubler for 

  Acid Anodize on Aircraft 375 Vacuum Bag Assembly and Heat Cure 

 Adjacent to Cargo Door  
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Figure 150:  Completed Fuselage Composite  Figure 151:  Pitch-Catch Ultrasonic Inspection  

 Doubler Repair of Aircraft 375 Repair  

 

Aircraft 060 - Fuselage impact damage was repaired on aircraft 060 in the two areas shown in 

Figure 152.  Descriptions of the two damaged area locations are as follows: 

1. L/H side of fuselage between station 1000 and 1020; between LG 35 and 36; aft of 

primary static ports. 

2. R/H side of tailcone between station 2186 and 2191 at Z=39. 

Figure 153 shows the completed fuselage repair.  Beside the doubler in Fig. 153 is the remaining 

adhesive from the witness coupon.  After curing in the same environment as the composite 

doubler repair, the witness strips are pried off with a wedge as shown in Fig. 153 (right). 

 

 
Figure 152: Composite Doubler Fuselage Repair Locations on Aircraft 060 – 

Fuselage R/H Side and Tailcone 
 

 

Repair

Site
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Figure 153: Completed Fuselage Composite Doubler and Removal of QA Witness Coupons in 

Surface Prep Assessment Region Beside Doubler 
 

 

Aircraft 395 - A composite doubler was used to repair fuselage skin damage on the R/H side of 

aircraft 395 between stations 1019 and 1039 and between stringers 36 and 37.  This was the first 

composite repair on a commercial aircraft to use the new Sol-Gel surface preparation process.  

Through our Pilot Program partner Federal Express, a Telex was submitted to Boeing and the 

FAA ACO requesting the substitution of the Sol-Gel aluminum surface preparation process for 

the currently-used Phosphoric Acid Anodize (PANTA) process.  The Sol-Gel process has less 

room for human error, is more environmentally friendly, and results in a significant time savings 

during installation.  This repair was completed in one day versus the two day approach that had 

been used on all of the previous PANTA-based repairs.  Figure 154 shows the repair location on 

aircraft 395 along with the finished composite doubler repair.  Use of the Sol-Gel process 

allowed the repair installation to be completed in a single shift.  This process will permit 

overnight repairs such that aircraft can be available for their first flight the next day. 
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Figure 154: Composite Doubler Fuselage Repair Location on Aircraft 395 and 

Completed Fuselage Skin Repair 

 

Aircraft 566 - A composite doubler was used to repair skin impact damage on the R/H side of 

aircraft 566 at fuselage station 540 between stringers 41 and 42.  This was the second composite 

repair on a commercial aircraft to use the new Sol-Gel surface preparation process.  Figure 155 

shows the repair location on aircraft 566 along with the finished composite doubler repair.  No 

access to the inside structure was required for this repair.  The witness coupons, showing a 

successful QA check on the surface preparation process, are also shown in Fig. 155. 

 

 

Figure 155:  Composite Doubler Fuselage Repair Location on Aircraft 566 and 

Completed Fuselage Skin Repair 
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One goal of the Pilot Program was to demonstrate that aircraft maintenance personnel can be 

trained to install and inspect composite doublers.  As a result, workers from FedEx’s composite 

and NDI shops were key participants in the repairs.  During the course of this project, the AANC 

gradually reduced its role in the composite doubler installations until FedEx personnel were able 

to safely install and inspect them without supervision.  In-service inspections were performed on 

all composite doublers using the pitch-catch ultrasonic method.  Subsequent 30 day, 6 month, 

and 1 year inspections were completed in accordance with via the Engineering Authorization that 

FedEx maintenance planners generated for each repair.  All aircraft returned to service and 

subsequent inspections have not detected any flaws.   

 

 

8.3  Revision of Structural Repair Manual 

 

After successful completion of the Pilot Program, the Structural Repair Manuals were modified 

to include this set of three composite doubler designs.  This allows for more routine use of 

composite doubler repairs within the allowable application regime specified in the manuals.  The 

SRM revisions – incorporating DC-10, MD-11, MD-80, MD-90, and 717 aircraft - takes the form 

of a look-up table that allows users to match flaw type/size with either a metallic repair or the 

equivalent composite doubler repair.  Using these look-up tables, maintenance facilities can have 

the option of choosing the traditional metallic repair or the "equivalent" composite doubler 

repair.  The engineering drawing for the composite repairs was integrated into the SRM.  The 

NDT procedure for bonded composite doublers (ultrasonic resonance technique) was also 

included in the Boeing NDT Standard Practices Manual.  Finally, a set of training classes are 

being developed to safely integrate composite doubler technology into the commercial 

maintenance depots.  The classes will cover all aspects of design, analysis, installation, quality 

control, and in-service inspection.  They will describe the infrastructure and personnel 

capabilities/training that must be present at an aircraft maintenance depot in order to safely 

utilize the technology. 

 

 



 

 178 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 



 

 179 

 

 

CONCLUSIONS 
 

Economic barriers to the purchase of new aircraft have created an aging aircraft fleet and placed 

even greater demands on efficient and safe repair methods.  The use of composite doublers offers 

the airframe manufacturers and aircraft operators a cost-effective method to safely extend the 

lives of their aircraft.  Instead of riveting multiple metal plates to facilitate an aircraft repair, it is 

possible to bond a single Boron-Epoxy composite doubler to the damaged structure.  The FAA’s 

Airworthiness Assurance Center (AANC) at Sandia National Labs, Boeing, and Federal Express 

completed a Pilot Program to validate and introduce composite doubler repair technology to 

routine commercial aircraft use.  As composite doubler repairs gradually appear in the 

commercial aircraft arena, flight operation data is being accumulated to demonstrate the 

successful application of this repair technique.  The engineering activities in this program 

investigated design, analysis, fatigue performance, installation, and nondestructive inspection 

issues.  The key results are: 

 

1. Composite doubler repair technology is viable for the commercial aircraft industry. 

2. While recognizing the value of composite doublers, there is also a need emphasize the safe 

integration their use into aircraft maintenance facilities.  

3. Doublers are able to withstand extensive damage and non-optimum installations while 

improving fatigue life and ultimate strength. 

4. Nondestructive inspection methods are available to safely monitor the integrity of the 

composite repair and the parent metal structure. 

5. Project activities have addressed many obstacles to the use of composite doublers and allow 

airlines to take advantage of potential time and cost savings. 

6. This effort has further demonstrated the performance of composite doublers in commercial 

aircraft repairs by accumulating flight history. 

7. The composite doubler repair process, including inspection methods, can aid aircraft Service 

Life Extension Programs. 

8. A formal documentation package has been placed in the public domain via the FAA in order 

to safely integrate this technology into the U.S. commercial fleet.  In addition, OEM 

Nondestructive Testing Structural Repair Manuals have been revised to include composite 

doubler repairs as a viable alternative to riveted metallic repairs. 

 

One of the concerns surrounding composite doubler technology pertains to long-term 

survivability, especially in the presence of non-optimum installations.  This test program 

demonstrated the damage tolerance capabilities of bonded composite doublers.  The fatigue and 

strength tests quantified the structural response and crack abatement capabilities of Boron-Epoxy 

doublers in the presence of worst case flaw scenarios.  The engineered flaws included cracks in 

the parent material, disbonds in the adhesive layer, and impact damage to the composite 

laminate.   

 

Damage Tolerance and Crack Mitigation - Large strains immediately adjacent to the doubler 

flaws emphasize the fact that relatively large disbond or delamination flaws (up to 1” diameter) 



 

 180 

in the composite doubler have only localized effects on strain and minimal effect on the overall 

doubler performance (i.e. undesirable strain relief over disbond but favorable load transfer 

immediately next to disbond).  Obviously, disbonds will affect the capabilities of composite 

doublers once they exceed some percentage of the doubler’s total footprint area.  The point at 

which disbonds become detrimental depends upon the size and location of the disbond and the 

strain field around the doubler.  This study did not attempt to determine a “flaw size vs. effect” 

relation.  Rather, it used flaws which were twice as large as the detectable limit to demonstrate 

the ability of composite doublers to tolerate potential damage.  Similarly, the crack mitigation 

capabilities of Boron-Epoxy doublers were evaluated using crack sizes which exceeded the 

inspection threshold.  The damage tolerance tests presented in this document looked at crack 

growth beneath doublers of up to 3”.  Comparisons with control specimens that did not have 

composite doubler reinforcement showed that the fatigue lifetime was extended by a factor of 20.   

 

Adhesive Layer Performance Indicates Critical Need for Proper Surface Preparation - Previous 

analyses of bonded doublers have demonstrated that the most critical part of the repair 

installation is the adhesive.  It must transfer the load to the composite doubler and hold up under 

many load cycles.  The adhesive must also resist moisture and other environmental effects.  In 

order to obtain the optimal adhesive strength and assure a satisfactory performance over time, it 

is essential to strictly comply with the installation process.  Surface preparation is one of the key 

steps in the installation process.  This study demonstrated the ability of the accepted adhesives to 

transfer loads over multiple fatigue lifetimes of a commercial aircraft.  Strain field analyses and 

fatigue tests showed that large disbonds - in excess of those which will be detected by NDI - and 

Boron-Epoxy water absorption did not affect the performance of the adhesive layer. 

 

Residual Strength -  Post-fatigue load-to-failure tests produced residual strength values for the 

composite-aluminum specimens.  Even the existence of disbonds and fatigue cracks did not 

prevent the doubler-reinforced-plates from achieving static ultimate tensile strengths in excess of 

the 70 ksi Mil-Hndb-5 listing for 2024-T3 material.  Thus, a properly designed and installed 

composite doubler is able to restore the structure to its original load carrying capability. 

 

Nondestructive Inspection - Before the use of composite doublers can be accepted by the civil 

aviation industry, it is imperative that methods be developed which can quickly and reliably 

assess the integrity of the doubler and the parent, metal structure beneath the doubler.  Sensitivity 

studies showed that a team of NDI techniques can identify flaws well before they reach critical 

size.  An ultrasonic method was successfully applied to the problem of disbond and delamination 

detection.  Pulse-Echo ultrasonics can be implemented on an aircraft using hand held inspection 

devices.  Anomalies in A-Scan signals can be used to reliably detect flaws in the laminate and 

bondline.  Successful results also demonstrated the viability of thermography for inspecting 

bonded composite doublers.  Thermography can detect flaws smaller than 0.5” in diameter and 

can accurately determine their depth.  Crack detection in the parent aluminum material can be 

accomplished using conventional eddy current and X-ray techniques. 

 

Overall Evaluation of Bonded Boron-Epoxy Composite Doublers - By combining the residual 

strength results with the crack mitigation results, it is possible to truly assess the capabilities and 

damage tolerance of bonded Boron-Epoxy composite doublers.  In this test series, relatively 
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severe installation flaws were engineered into the test specimens in order to evaluate Boron-

Epoxy doubler performance under worst case, off-design conditions.  The engineered flaws were 

at least two times larger than those which can be detected by NDI.  It was demonstrated that even 

in the presence of extensive damage in the original structure (cracks, material loss) and in spite of 

non-optimum installations (adhesive disbonds), the composite doubler allowed the structure to 

survive more than four design lifetimes of fatigue loading.  Since the tests were conducting using 

extreme combinations of flaw scenarios (sizes and collocation) and excessive fatigue load 

spectrums, the performance parameters were arrived at in a conservative manner. 

 

Final Cautions Regarding the Use of Bonded Composite Doubler Repairs -  Although the 

composite doubler repair method can be used in a wide array of aircraft repair applications, it 

must be recognized that it cannot be directly substituted for all traditional aircraft repairs.  

Certain limitations, such as poor performance in compression load environments, require that an 

in-depth analysis be performed before undertaking any composite doubler repair.  In addition, it 

is essential that all composite doubler repair efforts be carried out by properly trained personnel.  

Design/analysis (engineering), installation (composite shop), and inspection (NDT shop) 

personnel must have appropriate knowledge of composite materials and hot bonding processes. 

 

Finally, it should be noted that despite the successful results achieved in this effort, the use of 

composite doubler repairs includes a number of potential pitfalls and engineering challenges.  In 

addition to assuring a quality installation, design and analysis efforts must address difficult issues 

such as thermally induced residual stresses and stress risers around the doubler’s outer perimeter.  

This report adds to the growing database of composite doubler performance characteristics, 

however, a comprehensive engineering approach is always necessary to ensure the safe 

application of these aircraft repairs. 

 

The entire aviation industry can receive the engineering and economic benefits provided by this 

composite doubler repair technology.  Technical advantages include: 1) improved fatigue life, 2) 

increased strength, 3) decreased weight, 4) eliminates introduction of crack initiation sites (i.e. 

fastener holes), 5) does not corrode, and 6) improves aerodynamics.  Economic benefits include: 

1) cost savings through reduction in man-hours required to install a repair, and 2) reduced aircraft 

downtime.  The aviation industry and the FAA are continuously searching for ways to improve 

aircraft maintenance practices.  Enhanced safety is the primary goal while cost reduction is 

necessary to the airline's competitiveness in the global air transportation market.  In the proper 

applications, composite doubler repairs can successfully address both of these issues. 
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Inspection Procedure for 

Ultrasonic Pitch-Catch Technique 
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Nondestructive Inspection Procedure for 

Bonded Boron–Epoxy Composite Doublers Using an 

Ultrasonic Pitch-Catch Technique 
 
 

FAA Airworthiness Assurance NDI Validation Center 

Sandia National Laboratories  -  Albuquerque, NM 
 

Specification No. AANC-UT-PC-Comp-5521/4-001 

 

Purpose 
The purpose of this inspection is to detect delaminations between the boron epoxy plies and 
disbonds between the boron epoxy doubler and the aluminum substrate.  This procedure uses an 
ultrasonic test instrument and several contact transducers. 
 

1) References 
 

Operation Manual: Quantum + Plus Series 
 

2) Equipment 
 

A. The equipment used to develop this procedure was an NDT Systems, Inc. QUANTUM Model 
QFT-1+ portable ultrasonic flaw detector with an A-trace display. 

B. Use ultrasonic transducers: Krautkramer Branson Composite MSW-QC contact transducers, 
frequency 1 MHZ, alpha or gamma series, 0.5 inch diameter.  The transmitter transducer product 
code number is 113-141-591.  Any of the following transducers can be used as a receiver: 113-
141-591, 113-241-591, and 389-036-490. 

C. Mount the transmitting transducers in a 30 degree Lucite wedge (angle beam transducer) which 
is designed to produce a shear wave of a particular angle in a specified material with minimal 
wedge noise.  The produce code for the 30o Lucite wedge is W-210 30o.  It will fit product code 
numbers 113-141-591 and 113-241-591.  When installing the transducer in the wedge, apply an 
ultrasonic couplant between the transducer and the wedge.  The receiving transducer can mount 
directly on the aluminum skin (90o) or be mounted in a 30 degree Lucite wedge to create an angle 
beam receiver. 

D. Set up the ultrasonic flaw detector equipment using a boron epoxy doubler NDI calibration 
standard, with known disbonds and delaminations, as shown in Figure A-1. 

E. Use an ultrasonic couplant to couple the high frequency signal in and out of the calibration 
standard. 

 
3) Personnel 
 

The inspector using this procedure should be experienced and knowledgeable in the 
fundamentals of ultrasonic testing.  Inspectors should fully possess the qualification of 
ultrasonic testing personnel as defined in Recommended Practice No. ASNT-TC-1A, 
Personnel Qualification and Certification in Nondestructive Testing, available from 
ASNT (American Society for Nondestructive Testing), ATA 105 or other approved 
certification standard. 
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4) Material Preparation 
 

If the boron epoxy surface has irregularities, lightly sand the surface to obtain a smooth 
working surface.  Removal of surface irregularities will enhance the ultrasonic signals 
for this inspection technique.  Note:  If the surface has been painted, paint removal may 
not be required as long as the inspection surface is smooth and not scaling. 
 

5) Instrument Calibration for Inspection of the Tapered Area on the Boron Epoxy Doubler 
 

A. Connect a microdot / LEMO-00 cable between the transmitting transducer and the Quantum red 
dot input connector.  Apply couplant between the transducer and the 30 degree lucite wedge.  
This combination will be referred to as the angle beam transducer (T).  

 
B. Connect a microdot / LEMO-00 cable between the receiver transducer (R) and the Quantum right 

side input connector.  The receiver can be a contact transducer or an angle beam transducer with 
the 30 degree lucite wedge attached. 

 
C. Turn the instrument power on and check the battery status.  The instrument should have at least 

40% of available battery life.  The screen brightness and contrast should be adjusted to match the 
environmental conditions (i.e., outside sunlight or inside a hangar). 

 
D. Select or verify the dual probe setting on the probe selection menu. In the display menu, select 

inches as the units of measure and select RF wave type for the A-scan display. In the cal menu, 
set the material velocity to 0.250 inches per microsecond and set the instrument range to 8.00 
inches. 

 
E. Position the angle beam transducer on the calibration standard at position (PT1) and the 

receiving transducer to the perimeter of the doubler at position (PR1) on the aluminum as shown 
in Figure A-2.  A sample set-up showing the transmitter and receiver transducers and the 
scanning motion are shown in Figure A-3. 

 
Always use adequate ultrasonic couplant between the transducers, doubler and the aluminum.  
The signal on the display screen, as shown in Figure A-4, from left to right represents the initial 
pulse and the received signal through the doubler and the aluminum.  The received signal will 
vary in amplitude and delay time depending on the spacing between the angle beam transducer 
(T), receiving transducer (R) and the material thickness of the doubler.  Change the gain (dB) in 
order to adjust the amplitude of the signal through the doubler and the aluminum until it reads 
80% Full Screen Height (FSH) as shown in Figure A-4.  The 80% FSH cannot be maintained as 
the transmitting transducer is moved further away from the receiving transducer.  The amplitude 
should be adjusted as necessary, via the gain setting, to maintain sensitivity.  To eliminate the 
large amplitude variations in the received signal, the inspector can use an ultrasonic flaw detector 
that has a Distance Amplitude Correction (DAC) mode. 
 

F. Move the angle beam transducer to position (PT2) (see Figure A-2) which represents a 
delamination between the plies in the boron epoxy composite.  Note the signal on the display 
screen (Figure A-5) which shows the absence of a received signal through the doubler into the 
aluminum.  The received signal completely disappears when the size of the delamination is larger 
than the diameter of the angle beam transducer (T). 
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G. Move the angle beam transducer to position (PT3) (see Figure A-2) which represents a disbond 
area between the doubler and the aluminum.  Move the receiving transducer to the perimeter of 
the doubler at position (PR2) on the aluminum as shown in Figure A-2.  Note the signal on the 
display screen (Figure A-5) which shows the absence of a received signal through the doubler 
into the aluminum.  The received signal completely disappears when the size of the disbond is 
larger than the diameter of the angle beam transducer (T).  

 
6) Inspection Procedure for Tapered Region of Doubler 

 
On the aircraft, position the receiving transducer (R) on the aluminum along the edge of 
the taper region with ultrasonic couplant.  Add couplant to the taper region to be 
inspected.  Monitor the received signal on the display screen and adjust the signal 
amplitude if necessary.  To assure proper coupling to the doubler, slowly move the angle 
beam transducer (T) along the taper region while monitoring the received signal on the 
display screen (see Fig. A-3 for sample inspection set-up).  Position the transmitter and 
receiver transducers as matched pairs and scan the doubler in accordance with the 
schematic shown in Figure A-6.  For example, transmitter location (TA) is matched with 
receiver location (RA) and the transmitter is moved along the taper toward the receiver.  
Continue in this fashion until the (TJ) to (RJ) strip has been inspected.  This will 
complete the inspection of one perimeter strip of the tapered region.  
 
By observing the A-trace on the screen, the inspector should always see a signal present.  
If the signal disappears, check for adequate coupling.  Next, move the transmitting 
transducer to all of the areas immediately adjacent to the signal drop-out area while 
simultaneously looking for any disappearance and reappearance of the received signal.  
If the coupling is adequate and there is a signal present all around this signal drop-out 
area then a disbond or delamination lies below the angle beam transducer (T).  Use a 
grease pencil to mark this flawed area.  
 
Once the inspector has completely inspected one edge perimeter of the tapered region, 
the transmitting and receiving transducer locations shown in Figure A-6 can be shifted 
slightly to inspect a thicker portion of the taper.  Repeat the inspection process for each 
new perimeter strip that is inspected as the taper increases in thickness.  The transducer 
pairs listed in this procedure can cover perimeter strips of 0.5" in width.  A straight edge 
can be used to guide the transmitting transducer along the taper. 

 
7) Instrument Calibration for Inspection of the Full Thickness Area and Tapered Region on the Boron 

Epoxy Doubler 
 
Repeat steps 5A,B,C and D if necessary. 
 

A. Position the angle beam transducer on the calibration standard at position (PT4) and the 
receiving transducer around the perimeter of the doubler at position (PR4) on the aluminum as 
shown in Figure A-7.  Always use adequate ultrasonic couplant between the transducers, doubler 
and the aluminum.  The signal on the display screen, as shown in Figure A-4, from left to right 
represents the initial pulse and the received signal through the doubler and the aluminum.  The 
received signal will vary in amplitude and delay time depending on the spacing between the 
angle beam transducer (T), receiving transducer (R) and the material thickness of the doubler.  
Adjust the amplitude of the signal through the doubler and the aluminum until it reads 80% Full 
Screen Height (FSH) as shown in Figure A-4.  The 80% FSH can not be maintained as the 
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transmitting transducer is moved further away from the receiving transducer.  The amplitude 
should be adjusted as necessary, via the gain setting, to maintain sensitivity.  To eliminate the 
large amplitude variations in the received signal, the inspector can use an ultrasonic flaw detector 
that has a Distance Amplitude Correction (DAC) mode. 

 
B. Move the angle beam transducer to position (PT5) (see Figure A-7) which represents a 

delamination  between the plies in the boron epoxy composite.  Note the signal on the display 
screen (Figure A-5) which shows the absence of a received signal through the doubler into the 
aluminum.  The received signal completely disappears when the size of the disbond is larger than 
the diameter of the angle beam transducer (T). 

 
8) Inspection Procedure for Full Thickness Area and Tapered Region of Doubler 
 

On the aircraft, position the receiving transducers (R) on the aluminum along the edge of 
the doubler with some ultrasonic couplant.  Add couplant to the full thickness area to be 
inspected.  Monitor the received signal on the display screen and adjust the signal 
amplitude if necessary.  To assure proper coupling to the doubler, slowly move the angle 
beam transducer along the surface of the doubler while monitoring the received signal on 
the display screen (see Fig. A-9 for sample inspection set-up).  Position the transmitter 
and receiver transducers as matched pairs and scan the doubler in accordance with the 
schematic shown in Figure A-8.  For example, transmitter location (TA) is matched with 
receiver location (RA) and the transmitter is moved toward the receiver as shown.  To 
assure sufficient coverage of the doubler, mark a 0.5" grid alongside the doubler using a 
grease pencil.  This will produce a series of inspection strips each having its own 
transmitter-receiver transducer pair.  Use a straight edge to ensure proper transducer 
motion along the inspection strips.  Follow this process until the full area of the doubler 
has been completely inspected. 
 
Note that this inspection procedure includes the tapered region of the doubler.  The 
tapered region was inspected in a previous part of this procedure, however, the dual 
coverage will provide additional flaw detection opportunities in the critical tapered 
region.  Note also that the doubler is divided into two halves for inspection purposes and 
the transmitter is moved from the center of the doubler out towards the receiver (see 
Figure A-8).  The entire width of the doubler is not inspected with a single scan in order 
to maintain the signal strength and optimize the sensitivity of the inspection.  If the DAC 
option is used, it may be possible to inspect the entire width of the doubler in a single 
scan.  The inspector must ensure that sufficient signal strength is being maintained 
throughout the inspections. 
 
By observing the A-trace on the screen, the inspector should always see a signal present.  
If the signal disappears, check for adequate coupling.  Next, move the transmitting 
transducer to all of the areas immediately adjacent to the signal drop-out area while 
simultaneously looking for any disappearance and reappearance of the received signal.  
If the coupling is adequate and there is a signal present all around this signal drop out 
area then a disbond or delamination lies below the angle beam transducer (T).  Use a 
grease pencil to mark this flawed area.  Repeat this process for each new strip that is to 
be inspected.   
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9) Evaluation 
 
Any areas where the signal dropped out and was marked with the grease pencil, should 
be identified on a map according to flaw size. 

 
10) Inspection Results 

 
Report all flaw indications greater than 0.50 inches in diameter to the appropriate 
engineering personnel for further evaluation/action. 
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Figure A-1:  Composite Doubler NDI Reference Standard -  

13 Ply Doubler Mounted to 0.071" Thick Aluminum Skin 
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Figure A-2: Transducer Set-Up for Calibration on Tapered Region of Doubler 
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Figure A-3: Ultrasonic Pitch-Catch Sensor Set-Up on Composite Doubler for  

Inspections Around Tapered Perimeter of Doubler 
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Figure A-4:  Sample Ultrasonic Pitch-Catch Signal from an  

Unflawed Area of a Composite Doubler 
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Figure A-5:  Sample Ultrasonic Pitch-Catch Signal Corresponding to a Flaw  

Between Transmitter and Receiver Transducers 
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Figure A-6:  Transmitter and Receiver Transducer Set-Up (Matched Pair Sets) to  

Inspect the Tapered Region of the Doubler 
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Figure A-7:  Transducer Set-Up for Calibration on Full Thickness of Doubler 
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Figure A-8: Transmitter and Receiver Transducer Set-Up (Matched Pair Sets) to  

Inspect the Full Thickness Area and Tapered Region of the Doubler; 

Arrows Indicate Scan Direction for Transmitter 
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Figure A-9: Ultrasonic Pitch-Catch Sensor Set-Up on Composite Doubler for Inspections of  

Full Thickness Region and Tapered Area of Doubler 
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Design Drawing Notes to Guide the 

Composite Doubler Repair Process 
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General Notes for DC-10 Composite Doubler Skin Repair Drawing: 
 

1. The purpose of this ROD drawing is to repair damage in DC-10 and MD-11 fuselage skins 

stemming from impact damage (dent, gouges), lightning strike, and corrosion removal 

(thinning).  The repairs use bonded Boron-Epoxy doublers in lieu of conventional 

aluminum doubler repairs.  No hole cutouts allowed. Skin damage may be grind outs up to 

50% of skin thickness. 

 

2. Doubler Material: Boron-Epoxy pre-preg unidirectional tape; Textron Specialty Materials 

5521/4.  Install and cure per the installation specification Boeing Specification D658-

10183-1 (also listed as Specification Number TSM 200008-001. 

 

3. Cover Ply Material: Style 120 glass fabric; pre-preg material, one half inch larger footprint 

than the patch. 

 

4. Clean up scratches and gouges and blend out corrosion as per DC-10 SRM vol. I, ch.53 

 

5. Inspect all holes that have fasteners removed for cracks using bolt hole eddy current 

technique.  Re-install same strength hi-tigue fasteners where fasteners are removed.  Use 

over sized fasteners as required to meet hi-tigue installation requirements.  Wet install 

fasteners using MIL-S-81733. 

 

6. Particular attention should be given to flushness of fasteners on fuselage contour to 

facilitate installation of the Boron-Epoxy doubler.  Any fastener that protrudes 0.005” or 

greater shall be removed and same type reinstalled so that it is within +0.000”/-0.005” of 

flush with outside contour of fuselage skin. 

 

7. For any external butt gap that is 0.040” or larger, the following should be done prior to 

installation of the Boron doubler. 

A. Remove all sealant in gap so that no sealant is under the footprint of the doubler. 

B. Fill butt gap where sealant was removed with MMM-A-132, Type I, Class 3 adhesive 

(EA 934NA or equivalent). 

 

8. Cover fasteners and fill cracks, holes, and voids as pre procedures in Boeing Spec. D658-

10183-1. 
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9. Prepare filler in step no. 8 and prepare the boron patch to minimize the exposure time of 

repair surface after surface preparation. 

10. Prepare the repair area for bonding using non-tank phosphoric acid anodize method and 

prime as per Boeing Spec. D658-10183-1. 

 

11. Fill dents and corrosion grind-out voids with an epoxy fill after the surface preparation. Use 

the following procedure: 

A. Cut woven fiberglass cloth into pieces ¼” or smaller. 

 

B. If additional viscosity is needed, mix fibers thoroughly with epoxy EA9396 A/B or 

EA 9394 in equal volumes. If additional viscosity is not needed, use the two part 

epoxy without any fiberglass fibers. 

C. Use trowel or similar tool to fill the void area taking precautions to avoid air 

entrapment. 

D. Co-cure the fiberglass/epoxy fill simultaneously with the boron doubler following 

step 12 to 15. 

 

12. Before bonding doubler perform water break test as per Boeing Spec. D658-10183-1 (see 

also DC-10 SRM chapter 51-71-00) and optical primer inspection as per Boeing Spec. 

D658-10183-1. 

 

13. Lay up Boron doubler as per design drawing. 

 

14. Apply layer of film adhesive FM-73 (or equivalent AF-163) over aircraft repair area and 

then apply Boron repair doubler to the surface. 

 

15. Install vacuum bag over repair and cure Boron repair doubler as per Boeing Spec. D658-

10183-1.  Choose appropriate temperature vs. time curing cycle to match ability of heat 

blankets to maintain the cure temperatures within allowable limits as per Boeing Spec. 

D658-10183-1. 
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16. Inspections shall be made with an instrument that can detect a 0.5” diameter disbond or 

delamination flaw. A maximum of 5% of the central area of the doubler may have voids or 

contain porosity. The central area is defined as the region of the Boron doubler that is full 

thickness. Voids must be separated by 3 inches minimum. Flaws found will be reported to 

engineering for disposition. The following periodic inspections of the Boron doubler and 

bondline shall be performed: 

A. After 30-45 days – inspect doubler and bondline per Boeing NDT Standard Practices 

Manual 

B. After one year– inspect doubler and bondline per Boeing NDT Standard Practices 

Manual, intervals not to exceed 4500 flight hours. 

 

17. Fillet seal periphery of doubler using MIL-S-81733 or equivalent in accordance with 

Boeing Spec. D658-10183-1. 

 

18. Prime the aluminum surface and paint the aluminum and Boron doubler using approved 

paint material. 

 

19. Stencil the following note, using 3/8” high letters and in a contrasting color, and locate the 

note on the Boron doubler: “Bonded Repair, Do Not Apply Paint Strippers in This Area” 

 

20. The quality of the surface preparation and the resulting bond between the doubler and the 

structure, will be determined as per Boeing Spec. D658-10183-1. 

A. Fabricate two 0.063” th. X 1” W X 4" L test strips from 7075-T6 or 2024-T3 aluminum 

bare plate. 

B. Prepare one surface of each strip for bonding using the same process used for the 

surface preparation of the aircraft structure (Boeing Spec. D658-10183-1). 

C. Place the two test strips adjacent to the Boron doubler but still on a portion of the 

aircraft skin that has been prepared for bonding. 

D. Bond and cure the test strips concurrently with the Boron doubler. 

E. Following cure, use a Phenolic wedge to remove the test strip. 

F. Note any adhesive bond failure and report to engineering for disposition. 

 

21. Ref. Boeing Contract # 96D-084   
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